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PRESSURE DISTRIBUTION MEASUREMENTS ON A SERIES OF
SLENDER DELTA BODY SHAPES AT MACH NUMBERS OF 6:85 AND 8-60

by
D. H. Peckham

SUMMARY

Results are given of a wind tunnel programme made to study the pressure
distributions, mainly on the windward surfaces, of a series of simple body
shapes, over a range of angles of incidence up to 29 degrees. It was found
that the comparison of experimental pressure distributions with values cal-
culated from various inviscid flow theories and approximations, was compli-
cated by the non-independence of upper and lower surface flow fields, and by
boundary-leyer-displacement effects. From the few measurements made of upper
surface pressure distributions, quite large differences in behaviour were
observed between Mach numbers of 6:85 and 8:60. Recommendations are made in
regard to future experiments.

Replaces R.A.E. Tech, Note No, Aero 2952 — A,ReCe 25 966
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1 INTRODUCTION

For hypersonic Mach numbers, while exact methods exist for designing
some types of 1lifting body shapes to support specified inviscid flow fielde,
no exact methods exist for celculating pressure distributions on lifting
body shapes in general. Two aspects of this problem which can be investi-
gated in wind tunnels are:-

(i) With bodies designed for specified inviscid flsw fields, to Pind
out how such bodies behave when viscous effects are present; also, it is
Just as important to investigate how they behave under conditions of off-
design Mach number ard incidence, and at yaw.

(i11) Since it may not always be possible to solve a design problem by
designing a body shape for a specified flow field - e.g. if large ranges of
incidence and Mach number need to be covered, to obtain information of a
more general nature on the behaviour of a variety of lifting body shapes.

A programme of work on the gbove lines is under way in the R.A.E.
intermittent hypersonic tunnell,2,3.

This paper gives the results of pressure~plotting experiments on a
series of eight oonical models (and one two-dimensional model), at Mach

numbers of 6:85 and 8:60 and engles of incidence up to 29 degrees. Pressure-
plotting experiments were chosen, rather than overall force ..easurements,
since it was considered that such an.approach would give a better under-
standing of the flow. Even so, it is recognised that more detailed tests
will eventually be necessary. For example, pressure measurements on their
own were not always sufficiently revealing, and measurements of ghock wave
shape, and locel velocity distributions end directions are needed in addition;
elso, when boundary layer effects arise, a knowledge of surface temperature
distribution is important.

The experimentel reaults are compared with valusa calculated from three
often-used empirical methods for predicting pressures, the tangent-wedge,
tangent-cone and Newtonian approximationa3. In the case of the bodies
designed to support plane shocksz, 1.e. where a two-dimensional flow field
is specified, the tangent-wedge approximation becomes, in fact, an exact
inviscid theory. Otherwise, these methods do no more than show what pressure
distributions would result if certain simple flow fields were obtained. That
these simple flow fields are rarely obtained is shown by the measured pressure
distributions; nevertheless, these methods are of some value for comparison
purposes.

2 EXPERIMENTAL DETAILS
241 Detalils of models

Six models were used, but since three of these were esach tested in two
different orientations, effectively nine different body shapes were available,
So for convenience each of these has been allotted its own model number, and
they have been numbered in the order in which the experimental results are
discussed in Section 3. Geometrioc details of these models are given in Fig.1,
with the position of the reference axis for model incidence marked.
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With the exception of model 4, all were conical, their shapes being
related to a circular cone of unit aspect ratio (model 9). Thus one shape
was a half-cone tested both ways up (models 1 and 8), another shape a half-
pyramid tested both ways up (models 2 and 7), and another a pyramid tested
in two attitudes (models 3 and 6). Model 5 was a variant of model 1, having
an inverted-V cut-out on its lower surface, and model 4 was a two-dimensional
version of model 5; these two models (L4 and 5) were designed to support plane
attached shock waves at certain combinations of angle of incidence and Mach
numbere,

On all the conical models, pressures were measured across the semi-span
on both upper and lower surfaces at a station two-thirds of the root chord
from the model apex; on model 4, pressures were measured on the lower surface
only. A small number of pressure holes were alsc included on the opposite
semi-span of the models, and at a station one-third of the root chord from
the model apex, to check for symmetry and to see whether the flow was conical.

2.2 Details of tests

The tests were made in the 7 in. x 7 in. intermittent hypersonic tunnel
at ReA.F. Farrborough, at Mach numbers of 6:85 and 860, with a stagnation
pressure of 750 peSsi.g., and stagnation temperatures of approximately 650°K
and 800°K, respectively. 1In order to cover an incidence range up to 29 degrees
while keeping the models in the central core of uniform flow in the working
section, it was necessary to restrict model lengths to 5 inches, so the
Reynolds numbers based on medel lengths were gbout 2:5 million and 09 million,
for the Mach numbers of 6:85 and 8-60, respectively. Pressures were measured
on a conventional multi-tube mercury manometer bank, with one or more tubes
connected to a vacuum reference. Steady readings were obtained after some
45-60 seconds running, when the manometer was clamped and the tunnel shut down.
(This long settling time was mainly due to the use of 1 mm 0.D. hypodermic
pressure tubing; more recent experience has shown that this settling time can
be reduced to about 15 seconds by using 1% mm 0.D. tubing instead.)

2.3 Experimental accuracy

Evidence suggests that manometer readings were measured to an accuracy
of better than +0+02 in., This error, combined with a similar error in reading
the reference pressure, would result in a maximum error of *0:003 in pressure
coefficient, Cp’ at M = 6-85 and *0-008 in Cp 2t ¥ = 8:60. Errors in setting

the angles of incidence of the models could amount to a further error in Cp of

up to *0-002. The possible maximum direct measuring error was therefore
+0:005 in Cp at M = 6-85 and *0+010 at M = 8:60., As well as a measuring error,

there were errors arising from lack of flow uniformity in the test section,
the variation of dynamic pressure in the regicn of the model being about 1%
of the mean value,

On the basis of the above figures, the estimated maximum experimental
errors, and R.M.S. experimental errors, are tabulated below:=-



Maximum error in Cp ReM.S. error in CQ

cp M= 6:85 M = 8:60 M= 685 M = B:60
0-1 *0-006 0011 0004 +0.008
03 +0.008 +0:013 *0+005 +0+009
0+5 *0-010 +0:015 +0-006 +0.010

The extent of these estimated maximum experimental errors is marked by
an 'I' on the Figures in which measured pressure distributions are plotted.
The ReM.Se errors are approximately two-thirds of the maximum errors.

The greatest proportion of the errors given in the above table arises
from the inaccuracy of pressure measurement, particularly for low values of
Cp at the higher Mach number. In future tests, this error will be largely

elimirated by the use of o0il rather than mercury manometers, with the result
that the errcrs listed above will be epproximately halved.

A check on experimental accuracy ccmes from a comparison of pressures
measured at the 1/3-root chord station, end the 2/3-root chord station.
This comparison showed that the flow was symmetrical, and apparently conical,
within the error limits given above. However, as will be seen later in
Section 3, there is evidence of the presence of boundary layer self-induced
pressures of the same order as the experimental error. If this was so, the
variation of boundary layer displacement thickness with length would cause
a pressure gradient, and the flow would rot be conical, This difficulty
will only be resolved when more accurate measurements are made.

3 DISCUSSION OF RESULTS

341 Lower surface pressure distributions

3¢1e1  liodels 1, 2 and 3

These models all had flat lower surfaces. Pressure distributions on
models 1 and 2 at Mach numbers of 6-85 and 8:60, are plotted in Figs.2 and 3,
respeotively; also plotted are estimates of the pressure distributions
obtained from three well-known empirical methods”, the tangent-wedge, tangent-
cone and Newtonian approximations. All these give constant pressures across
the span.

From exemination of Figs.2 and 3, the following observations can be
made: -

(1) The results for a Mach number of 6:85 show little or no difference
between the pressure distributions for the two body shepes, the differences
that are present being within the estimated limits of experimental error;
for a Mach number of 8:60 the pressure distributions at incidences of 18 and
2l degrees differ by up to 107, but even so this difference is just within
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the possible limits of experimental error. However, a consistent tendency
at the larger angles of incidence for the pressures on model 2 to be
slightly higher than those on model 1, particularly near the leading edges,
cannot definitely be dismissed as experimental error. This difference, if
real, would have to be caused by some sort of interaction between the flows
over the upper and lower surfaces of the models - even though the components
of Mach number normal to their leading edges were supersonic (for M = 6-85,
Bs/¢ = 1:7; for M = 8-60, Ps/¢ = 2-14). That such an interaction could be
present was revealed by shadow pictures (in plan view) which showed that
detached shocks were obtained, i.e. the leading edges were in a conically
subsonic region. Further evidence that the upper and lower surface flows
were not independent comes from the fact that at zero incidence, where one
might expect the lower surface to be at free stream pressure, a positive
pressure was in fact measured. A similar effect has been reported in
Ref.L4 (but see (ii) below).

(ii) However, different pressure coefficients were obtained at zero
incidence for the two test Mach numbers; so these positive pressure coeffi-
cients are probably not due solely to the non-independence of the upper and
lower surface flows, but also to a boundary layer displacement effect. The
excess pressure coefficient* induced in this way by a two-dimensional laminar
boundary layer on a flat plate at zerc incidence, has been shown® to be pro-

portional to M/Ri} where Rx is the local Reynolds number at the pressure hole

position. For the present tests this means that the excess pressure coeffi-
cient would be twice as great at M = §:60 as at M = 6-85. Such an effect is
probably the explanation why higher mean pressure coefficients were obtained
for the lower angles of incidence at M = 8+60 than at M = 6.85.

Clearly, there is a need foor further experimental work before the
effects described in (i) and (ii) above can be separated and more accurately
defined.,

(iii) In regard to the pressure distributions obtained at the higher
angles of incidence, it was found that they were not uniform, but that
pressures tended to increase towards the leading edges. From this fact, it
can be inf'lerred that the shocks were not plane, as is assumed by the tangent-
wedge approximation. For a = 6°, the pressure coefficients measured at

*It is more usual to give boundary-layer-induced pressures in terms of the
free stream static pressure, P and the viscous interaction parameter

1
X = Mj/R;:

/ T
. - -0
i.e. 5 = k1 (kz + k5 Ts) X

where k1, k., and k, are constants, and TW/Ts the ratio of wall temperature to

2 5
stagnation temperature. In the present Note, for consistency, all results are

P~ D,

given in pressure coefficient form, i.e. C_ = T 5 .
M
2 Poc
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M = 8+60 were higher than those at M = 6:85, but for a = 12° and sbove, the
reverse was the case, as would be expected from an inviscid point of view
(judging from the exact inviscid solutions for wedges and cones). It would
appear, therefore, that the viscous effects described in (ii) above, decrease
in mggnitude with increase of incidence, and become relatively unimportant
for incidences of 12 degrees and more. This is in agreement with an analysis
by Hayes and Probstein6, who have shown that the boundary~layer-induced pres-
sure on an inclined flat plate is smaller than the induced pressure on a
flat plate at zero incidence, by & factor 1/(Ma)?, when (Ma)2 >> 1.

Pressure distributions on model 3 et a Mach number of 8:60 are given
in Fige4s This model was of aspect ratio 0-707, as compared with unity for
models 1 and 2. For model 3, the incidence, a, was measured relative to its
centre line, so a new symbol 6 is therefore introduced, where € is the local
incidence of the lower flat surface, so that the pressure distributions on
models 1, 2 and 3 can be compared on a common basis. Thus for models 4 and 2
® = a, and for model 3, 6 = a + 10° With model 3, the mean pressure coeffi-
cient was slightly above the tangent-wedge value foar a local incidence of
10 degrees, but fell progressively below this value with increase of incid-
ence, This behaviour is broadly the same as was obtained with models 1 eand 2,
except that the pressure distributions on model 3 were more uniform at the
higher angles of incidence than was the case with models 1 and 2, Unfor-
tunately, a direct comparison of pressure distributions on model 3 with those
on models 1 and 2 is not possible, since the tests were made at different
local engles of incidence. Instead, the variation of the mean pressure
coefficients on these models with local incidence have been compared (see
Seotion 3143 and Fige10).

3,142  liodels 4 and 5

The geometry of models 4 and 5 was chosen so that at the test Mach
number of 6:85 a plane shock wave should be obtained at two convenient
angles of incidencez, and also so that over a fairly wide incidence range
the Mach number for shock attachment should not be far removed from M = 685,
Thus from Fig.5 it can be seen that for 7° < a < 15°, ‘the "design" Mach
number varies only within the limits 6-85 * 010, In fact, shadow photo-
graphs showed that the plane attached shock wave condition was not achieved,
the shock wave never approaching closer than & degree to the plane of the
leading edges (Fig.6). There was no apparent difference in shock wave angle
between models 4 and 5. This is possibly due to the displacement effect of
the boundary layer. A calculation by the method of Catheralll® of the
boundary layer displacement thickness at the rear of the model, gave a dis=
placement thickness of 0:036 in. on the medel centre line, which is roughly
equivalent to a deflection of the external flow by about 1/3 degrees.
However, these shadow pictures showed only the most windward extremity of the
shocks, s0 it could have been that the shocks were attached, or nearly
attached, but bowed outwards away from the wing surfaces.

The pressure distributions measured on models 4 and 5 are plotted in
Figs7. For both models, throughout the incidence range covered, the pres-
sures obtained were greater than would be achieved from a two-dimensional
deflection of the flow through an angle equal to the angle of incidence
(i.e. the tangent-wedge assumption). This is consistent with the shock waves
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being at a greater incidence than expected, as was observed in the shadow
photographs, since a greater shock angle than the design angle implies a
higher pressure behind the shock than the design value. So alternatively,
if it is assumed that the shocks shown by the shadowgraph pictures were
plane, the pressures which would be obtained on plane surfaces behind such
shocks can be calculated from the formulaZ:-

CP = % (sin2§ - 1/M2) (1)

where Z is the measured incidence of the shock to the free stream.

Pressure coefficients calculated from this expression are shown in
Fige7. For angles of incidence of 5+4, 7<4 and 9+4 degrees it can be seen
that the measured pressures, for both models, fall between values calculated
from the tangent-wedge method and equation (1). This result presumably
means that the shadow pictures for these angles of incidence were not showing
detached plane shocks, but shocks bowed outwards from the wing surfaces. On
the other hand, for angles of inciderce of 11+4 degrees and greater, the mean
pressure distributions were nearer tc values. given by equation (1); so for
these incidences it is possible that the shocks were approximately plane, and
detached.

The effect of 5 degrees sideslip on the pressure distribution on
model 5 is illustrated in Fig.8, for the two angles of incidence (74 and
134 degrees) at which an attached plane shock wave should be obtained at
M = 6-85, and also for an incidence (194 degrees) well above the design
condition. Shadow pictures showed nc apparent change in shock angle from
the zero sideslip condition, but did show some "thickening" of the shock,
which cen presumably be interpreted as a distortion of the shock shape from
its symmetrical shape at zero sideslip. For the wing at the design angles
of incidence, sideslip caused little change in pressure over the middle third
of the lower surface, a decrease in pressure on the leading wing-half and an
increase on the trailing wing-half, these changes being greatest near the
leading edges. Thus positive sideslip gives a positive rolling moment, which
is the conventional anhedral effects Similar results have been obtained by
Treadgcld7 at supersonic¢ Mach numbers. The behaviour of such wings at
design and off-design incidence and Mach number, and with sideslip, is the
subject of a report in preparation.

Estimates have been made by Bagley8 of the lateral forces and moments
on these wing shapes when yawed, on the assumption that the yawed wing sup-
ports two plane attached shocks which do not mutually interfere. It was
found that this simplified flow pattern was only possible for small yaw
angles, of around one degree or less, so this method is not really applicable
to the 5 degrees yaw of the present testse Xven so, an estimate by this
method is shown in Fig.8 on the assumption that Bagley's results can be
linearly extrapolated to 5 degrees yaw., This shows a gross overestimate of
the rolling moment, and clearly the Bagley flow model is not adequate for
such large yaw angles.



3.1.3 Loeal normal-force characteristics of models 1, 2, 3 and 5

It is convenient to compare the normal-force characteristics of these
wings at this stage. The lower-surface pressure distributions given in
Figs.2, 3, 4 and 7 have been integrated to give local normal-force coeffi-
cients, and these are plotted in Figs.9 and 10, for Mach numbers of 6:85 and
8:60 respectively.

Putting aside for the moment the complications arising at low angles
of incidence from the non-independence of the flows over the upper and lower
surfaces, and from boundary-layer-displacement effeots, we find that although
the pressure distributions on wings 1 and 2 were not uniform, that for inci-
dences up to about 15 degrees the mean pressure coefficients for these wings
are the same as for an infinite flat plate (i.e. tangent-wedge value), to an
accuracy sufficient for most practicel purposes (Fis.9). This result is in
agreement with a recent theoretical study by Babaev”’, who has demonstrated
that, for the lower angles of incidence, the mean pressure coefficient on
flat delta wings with attached shocks differs by only a few per cent from
that which would be obtained on an infinite flat plate, at the same conditions
of Mach number and incidence. As discussed in the previous section, the
pressures (and therefore the normal foroes) measured on wing 5 were greater
than the velues appropriate to an inf'inite flat plate, since the designed
attached shock condition was not achieved.

If we now look at the results for M = 8:60 in Fig.10, we see that for
the low angles of incidence it is impossible to judge the validity of
inviscid theories from the limited information which is availeble. This
leads one to the conclusion that pressure-plotting experiments on their own
are not always sufficient; in this case, clearly one needs to know also the
shock shape, in order to check the basic assumptions of any invisecid theory,
and details of the boundary layer in order to estimate its displacement
effects In fact, it has been concluded by Goebel et a1'0 from correlations
of wind tunnel data in the range 0+1 < %, < 1+1, that when calculating

lift/drag ratios, boundary-layer-displacement corrections to surface pres-
sure and skin friction are required whenever X, is greater than 0-2

(xL = MB/RE, where L is the root chord length of a delta wing). In the pre-
sent tests, the values of X, Were 02 at ¥ = 6°85 and 0:65 at M = 8-60,

An illustration of the boundary-layer-displacement effect on the
lift/drag ratios obtained from the lower surfaces of wings 1 end 2 is given
in Fig.11. The experimental results are compared in the first instance with
inviscid two-dimensional theory, but since this gives the artificial resuit
of L/D + o as CL + 0, a second set of curves is given where an allowance has

been made for a contribution to drag from skin friction, a value of Cf = 0-003

being used in all cases for simplicity. For M = 6:85 and Xj =02, the
boundary-layer-displacement effect on L/D ratio is small, only a few per cent
for 0405 < C; < 0+10, but the effect is much larger, i.e. some 407 on L/D

ratio at CL = 0:05, for a value of X =065, Of course, there will be an
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opposite, but generally not equal, effect on L/D ratio arising from the
viscous interaotion on the upper surface, so that the overall effect on
L/D ratio would not in practice be as large as that shown in Fig.11. (It

is worth pointing out here that the full scale value of xj is almost
certainly less than 01 for low hypersonic Mach numbers.

3e1e4 Models 6 and 7

The pressure distributions measured on these models at Mach numbers of
6:85 and 8:60 are plotted in Fig.12., For these shapes, the local incidence,
8, is constant over each facet, and its value can be obtained from an
expression derived in Ref.11:-

cOS & + sin o cot & (2)

8in 8 = T
(1 + cotZs + cot2s)2

where €

semi-thickness angle in the plane of symmetry
&

90° - (leading-edge sweep).

For models 6 and 7, coy 6 = cot e = 4, and equation (2) reduces to
sin 6 = (cos a + &4 sin a)/33§.

From examination of Fig.12, the following observations can be made:=-

(1)  Although the small differences in pressure distribution between
models 6 and 7 could be due to experimental error, at the lower angles of
incidence the pressures on model 7 are consistently slightly less than those
on model 6. ’

(ii) Except at zero incidence, the pressure coefficients obtained at
M = 6-85 are on average about 5% higher than those for M = 8:60; this is in
agreement with inviscid two-dimensional theory. For zero incidence, when
the local incidence of the body facets was 10 degrees, the reason for no
apparent difference between the distributions at the two Mach numbers is
probably the greater boundary-layer-displacement effect at the higher Mach
number.

(iii) The pressures on the body facets were not uniform, although the
local incidence was constant over each facet; a similar result has been
obtained at supersonic Mach numbers' 1, However, one would not expect the
pressure distribution on these facets to be uniform, unless plane shock waves
were obtained., That this was not achieved was shown by shadow pictures, and
a drawing showing the shape of the shock wave in cryss-section inferred from
shadow pictures is given in Fig.13. (FProm a cross-flow point of view, an
attached shock wave is theoretically impossible; for a wedge semi-angle of
L5 degrees, a crogs-flow Mach number of about 15 or more is necessary for
shock attachment!?,)



(iv) 1In the plane of symmetry of these bodies the shock wave lies very
close to the lower ridge, the plot in Fig.13 showing that the shock approached
to within 0-5 degrees of the ridge at the higher angles of incidence. This
suggests that the pressure on this ridge might not be much diffeerent from
that on a swept stagnation line, where the shock would be parallel to the
stagnation line. So, the pressures on the ridge of model 7, plotted in
Fige1k, have been compared with the pressures that would be obtaaned on a
stagnation line at the same local incidence, i.e. C_ = C 8in“6, where

max
C is the stagnation pressure coefficient; it can be seen that quite close
max
agreement is obtained. Tests by Squire13 at a Mach number of 4 on similar
body shapes, but with "flatter" cross-sections, gave higher pressure coeffi-
cients on the ridge, but this was probebly due to the greater stand-off angle
of the shock under these conditions.

(v) A comparison of the mean pressure coefficients on the facets of
model 7 with the mean pressure coefficients on the flat lower surfaces of
models 1 and 2 is given in Figs.15 and 16, for Mach numbers of 6:85 and 860
respectively. The rather surprising result obtained is that at the higher
local angles of incidence the mean pressure coefficients are greater on
model 7 - the wing with the V-shaped lower surface - than on the wings with
flat lower surfaces. A possible explanation of this effect, is that for the
wing with the V-shaped lower surface, increase of incidence causes the flow
pattern to approach that of two nearly plane shocks, nearly attached to the
lower ridge - i.e. a near two-dimensional flow pattern in the cross-flow
plane, while with the flat-bottomed wings increase of incidence results in
inoreasing detachment of the shock, and a more three-dimensional flow pattern.

3e1s5 liodels 8 and 9

The pressure distributions measured on these bodies at a Mach number of
8+60 (i.e. Ps/t = 2+14) are plotted in Fig.17; also shown, is the effect on
the half-cone body (model 8) of thin flat plate delta wings, of aspect ratios
1+5 and 2, on its upper surface (i.e. Bs/£ = 3+21 and 4-28).

The results for the cone (model 9) have been taken from Ref.1k, and
detailed conclusions on the pressure distributions on cones at incidence are
given in that report: The pressure distributions on the curved surface of the
half'-cone did not differ significantly from those on the cone, except perhaps
in the region near the leading edges. The addition of a delta wing to the
half-cone body resulted in an increase in pressure on the body in the region
near the leading edges. Further tests are to be made on various wing/body
combinations, and the results will be given in a future report.

3.2 Upper surface pressure distributions

The tests described in this Note were made primarily to gain a further
understanding of the flows on lower surfaces. However, some measurements of
pressure distributions on upper surfaces were made during the course of these
experiments; regrettably, these were of low accuracy due to the use of
mercury menometers for all measurements. Some results for upper surfaces are
presented, though, meinly to indicate the problems involved.
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In Fig.18, results are given for model 1 at Mach numbers of 6:85 and
860, Two effects are immediately obvious:-

(i) The rate of decrease of pressure coefficient with increase of
incidence 1s initially much greater at the lower Mach number.

(ii) Above a certain incidence, there is little change of pressure
coefficient with incidence, the minimum mean pressure coefficients being
gbout 0005 at M = 6:85, and 0:020 at M = 8:60, (Vacuum pressure coeffi-
cients for these Mach numbers are -0:030 and -0:019, respectively.)

These effects are probably due fo a boundary layer displacement
phenomenon, but could also be due to the formation of a pair of coiled
vortex sheets above the upper surface. The presence of such vortex sheets
on an elliptic cone has been reported’ for Mach numbers as high as 10.

Clearly, further experiments are required before an analysis of upper
surface fluws can usefully be made.

4 CONCLUSIONS AND RECOMMENDATIONS FOR FUTURE WORK

(1) The comparison of experimentsl pressure distribution with values
calculated from various inviscid flow theories and approximations was com=
plicated by the influence of two factors:-

(a) The non-indeperndence of upper and lower surface flow fields
resulting from the shock waves not being attached to the leading-edges.
The shock waves were not attached because of the high leading-edge sweep,
and the large edge-angle in cross-section of the body shapes tested, This
complication would also arise with bodies with blunted edges, but this was
not investigated in the present tests.

(b) The effect of boundary layer displacement on the extermal flow
field; this was small, but noticeable, at M = 6+85, but quite marked for
M = 8:60. The values of the viscous interaction parameter M3/RE (based on
body length) were 0:2 at M = 6:85 and 0-65 for M = 8:60.

Unfortunately, the above two effects were of'ten of the same magnitude
as the maximum experimental error, so there is a need for further more
detailed experimental work before these effects can be separated and more
accurately1defined. If tests of an essentially inviscid nature are required

(i.e. MB/RE < 0:2) to specifically check en inviscid flow theory, for example,

then these could be done more conveniently in a larger, lower Mach number,
facility rather than in the R.A.E. 7 in. x 7 in. intermittent hypersonio
tunnel, An examgle of such a test, would be an experiment to check the
theory of Babaev” for the flat plate delta wing at incidence.

(2) In general, the estimation of pressure distributions by simple

empirical methods which assume that pressure is dependent on the local
incidence of the body surface to the free stream left certain discrepancies

to be explored further. For example, it was found that pressure distributions
on bodies with flat surfaces were generally not uniform, For a body shape
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composed of two flat triangular lower surfaces, designed so as to support a
plane attached shock wave at chosen conditions of Mach number and incidence,
a uniform pressure distribution was obtained, however. There is a need for
experiments on body shapes with flat surfaces under conditions where the
shock is attached to the leading edges, where complications arising from the
non-indeperdence of upper and lower surface flows do not arise.

(3) As regards overall forces, the tangent-wedge approximation gave reason=
able estimates for body shepes with flat surfaces, for the lower angles of
incidence. The Newtonian and tangent-cone approximations always gave under-
estimates in the range of angles of incidence covered (a < 29°).

(4) From the few measurements made of upper surface pressure distributions,
it was clear that there were quite large differences in behaviour between

Mach numbers of 6.85 and 8.60, These differences are probably due to boundary-
layer-displacement effects, and possibly flow separation phenomena., Further
experiments are needed before an analysis of upper surface flows oan be
usefully made.
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