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PART 1

Swummary. 'The development of the flow pattern on a swept wing with incidence and stream Mach number-
is described. The wing, of aspect ratio 2-828, taper ratio 0-333 and leading-edge sweep 535 deg, was tested
at Mach numbers between 0-6 and 1-6 at incidences up to about 12 deg. The test Reynolds number varied
with Mach number, being typically 2-3 x 10% at M, = 1-0. Boundary-layer transition was fixed by a
roughness band at the leading edge.

It is shown that the flow pattern at moderate incidences develops smoothly from a subsonic type involving:
leading-edge separation to a supersonic type where the flow is attached near the leading edge and .with
shock-induced separation further aft. The formation and movement of the shock-wave system and the
vortices near the wing surface are briefly discussed.

1. Introduction. Although extensive tests on sweptback wings have been made in recent years,
there is comparatively little information on the development of the flow pattern with incidence and.
Mach number, particularly at transonic speeds. In some cases, an unsatisfactory experimental
technique has hampered the interpretation of the results and occasionally has caused incorrect-.
conclusions to be drawn. ‘

One of the most satisfactory methods of studying flow patterns on the wing surface is by means of
the oil-flow technique®# and if this is supplemented by surface pressure measurements and optical
investigations, the overall flow pattern can be described with some confidence.

* Now in the Mechanics of Fluids Department, Manchester University.
t Previously issued as A.R.C. 19,691 and 22,050. Published with the permission of the Director, National
Physical Laboratory.
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At low speeds the development of the flow pattern with incidence has been studied on various
sweptback wingst 473, the principal feature of the flow at moderately high incidences being a
leading-edge separation which rolls up into a part-span vortex!., Less information is available at
transonic® % and supersonic® speeds. The existence of shock waves and shock-induced separation
has been demonstrated, but a comprehensive description of the flow changes that occur with increase
in stream Mach number is not yet available. In an endeavour to fill this gap the flow patterns
obtained on a wing with 53-5 deg leading-edge sweep are described in Part I of this Report. These
formed part of a detailed investigation of the flow over the wing; the complete work (including detailed
' pressure measurements and overall forces) is described in Part 1T of this Report.

In Part I the change of flow pattern with incidence will be described first at subsonic speeds.
Next the effect of increasing Mach number through the transonic range will be discussed; and finally
the flow patterns obtained at moderate supersonic speeds will be briefly considered.

Most of the discussion is based on the oil-flow patterns, except for a few points of detail (for
example, those concerning weak shock waves) which need to be illustrated by pressure distributions.

A detached bow shock wave is present at stream speeds greater than that of sound, but this does
not directly affect the flow pattern close to the wing surface. Of course, it is not recorded in the
oil-flow patterns.

2. Experiment‘al, Details. 'I'he experiments were made on a half-wing model mounted on the
sidewall of the 18 in. x 14 in. High Speed Wind Tunnel. The principal features of the model*
shown in Fig. 1, are:

Aspect Ratio 2-828

Taper Ratio 1/3

Leading-edge Sweepback "~ 535 deg

Trailing-edge Sweepback 32-9 deg

Stre-amwise Section 6 per cent thick RAE 10212
Pressure-plotting Stations 0-1,0-4,0-7, 0-9 semi-span

The Mach lines of the undisturbed flow are parallel to the leading and trailing edges at stream
Mach numbers M, of 1-68 and 1-19 respectively. The test Reynolds number (based on mean
aerodynamic chord) at M, = 11is 2:3 x 108 for atmospheric stagnation pressure.

To obtain the results described in Part I, transition of the model boundary layer was caused by
a roughness band extending on both surfaces from the leading edge to 0-1 of the local chord.
A sublimation method using hexachlorethane in petrol was employed to check the effectiveness of
the. transition band, which was formed from carborundum. powder of mean particle diameter
0-0015 in. (Grade 320). ‘

The oil-flow patterns were obtained by smearing the wing with a thin coat of a mixture of two
parts oil, one part titanium oxide and a small quantity of oleic acid. The viscosity of the oil was
chosen so that the oil pattern was complete after about two minutes tunnel running time. It should
be emphasised that the oil filaments show the limiting direction of flow at the inner edge of the
boundary layer (except in certain cases where the skin friction is very small, as in the case of separated
flow) which may be quite different from the flow direction outside the boundary layer8. Care must

* The planform is wing 12 of a series suggested by C. H. E. Warren in an unpublished R.A.E. memorandum.
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therefore be taken in the interpretation of the oil patterns, but on the other hand, the traces left by
vortices, shock waves and flow separation boundaries are characteristic. Provided an alternative
method exists of linking the phenomenon with its oil trace, then subsequent identification can be
made easily and with confidence. .

3. The Surface-Flow Patterns. 3.1. Subsonic Stream Speeds. At moderate subsonic speeds the
flow over the wing is similar in many respects to that occurring at low speeds. Fig. 2 shows the
oil-flow patterns obtained at a stream Mach number of 0-6 at incidences between 0 and 16 deg.

At zero incidence, the flow over the wing surface is completely attached (Fig. 2a). The surface-Aow
lines deviate slightly from the free-stream direction however, turning inboard a little near the leading
edge and outboard towards the trailing edge. Because of the sweepback, the effect of wing thickness
in the leading-edge region can be regarded (approximately) as increasing the velocity component in
the direction normal to the leading edge, whilst leaving unchanged the component along the edge.
Thus the resultant velocity is inclined slightly towards the root. This effect diminishes as the trailing
edge is approached, but in this region the fluid with reduced velocity, in the boundary layer, is
influenced by the larger pressure gradient normal to the local streamlines (i.e., nearly normal to the
stream direction). A path in this direction towards the wing tip crosses each local chord at a position
progressively nearer the leading edge; behind the maximum-thickness line this corresponds to a
gradual fall in pressure, and as a result of this lateral pressure gradient the surface flow is turned
outboard. At incidence (Fig. 2b) the pressure gradient is larger and the boundary-layer outflow is
more marked. :

Another effect of applying incidence to the wing is to form a low-pressure region just behind the
leading edge. Because of the wing sweep and taper, the pressure is lowest and consequently the
pressure gradients greatest near the tip; therefore local flow separation first occurs well outboard.
The three-dimensional nature of the flow causes the detached shear layer to coil into a vortex,
giving a characteristic helical trace in the oil. The flow passing above the vortex reattaches on the
wing surface and flows towards the trailing edge; the flow under the vortex moves towards the
leading edge and separates once more at the secondary separation boundary. The reattachment
line!® divides the two regions. (See Fig. 3.) .

In Figs. 2b to d the vortex appears to be divided into several sections. This effect is thought to be
due to the leading-edge roughness band which may well vary locally in intensity despite efforts to
secure a uniform distribution of roughness. Thus the position of transition just upstream of or within
the separated shear layer may vary, giving rise to local differences in the mixing and a ‘tearing’ of the
vortex*. In the absence of the roughness band a single well-defined vortex always occurred at this ’
Reynolds number.

With increase in incidence the vortex path moves inboard over the wing (as shown in Fig. 4)
leaving a well-defined region of dead air outboard of the secondary separation boundary.

At incidences above about 10 deg, the flow separates near the leading edge over most of the span
and as a consequence the vortex appears to originate from close to the wing apex (Fig. 2d). The
flow pattern is then similar to that observed on delta wings at incidence'®1415, The effect of

* The manner in which the vortex tears usually varies from run to run suggesting that the effect is extremely
critical to local conditions. The position of the main part of the vortex is however unaltered and the tearing
also appears to have no detectable influence on the surface pressures (see Ref. 6 for a further discussion on
this point).
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increasing incidence further is to reduce the angle between the vortex and the stream direction
(Figs. 2e and f), thus making smaller the area of attached flow between the wall and the reattachment
line and increasing the extent of the dead-air region outboard of the vortex.

The development of the flow pattern at a free-stream Mach number of 0-8 is very similar to that
just discussed. The part-span vortex first appears at incidences between 4 deg and 5 deg. As before,
it moves inboard with increase of incidence but, for a given incidence, is slightly further inboard
than at M, = 0-6. Above « = 10 deg there is complete leading-edge separation. At high incidences
(Figs. 52 and b) a kink occurs'in the secondary separation line; this is associated with an expansion
of the vortex and is accompanied by a ‘tail’ of oil outboard along a line almost parallel to the leading
edge. This feature is also visible at transonic stream speeds and will be discussed below.

In Fig. 5c and d a comparison is made between the oil-flow patterns on the upper and lower
surfaces at an angle of incidence of 8 deg. The former shows a well-developed vortex which leaves
the wing trailing edge outboard of 07 semi-span; on the lower surface the flow is everywhere
attached and the surface-flow lines are approximately in the free-stream direction, except very close
to the tip where there is an outflow. This fluid leaves the lower surface along the tip chord and is
gathered up into the vortex on the upper surface.

The above discussion briefly outlines the dominant features of a type of flow which can
conveniently be called ‘subsonic’. Any shock waves which may occur seem to play a subsidiary
role to the part-span vortex. At sufficiently high subsonic stream speeds these shock waves form close
to the wing leading edge, just behind the pronounced suction peaks which are obtained at incidence
and thus in the region of the leading-edge separation. Because of their position they do not readily
show up on the oil-flow photographs but their presence can be inferred from the surface pressure
distributions and confirmed by optical studies.

3.2. Transonic Stream Speeds. At zero incidence the entire flow is subsonic when the stream
Mach number is less than 0-9. Above this value a small region of supersonic flow forms near the
tip and is terminated by a shock wave (Fig. 6b, M, = 0-95). As the stream Mach number is further
increased this shock wave moves rearward and is soon overtaken by a second shock wave, visible
near the tip in Fig. 6¢c (M, = 1-00); these two shock waves appear subsequently to coalesce
(Fig. 6d, M, = 1-05). Since this sequence is not completely clear from the oil-flow photographs
it is illustrated by pressure distributions obtained at 0-9 semi-span (Fig. 7).

The single shock wave (henceforth called the rear shock wave) moves rearward, and extends
inboard, with further increase in stream Mach number and reaches the trailing-edge region at
about M, = 1-20. This rearward movement (Fig. 8) corresponds approximately to the shock
pivoting about the root trailing edge although the shock wave does not penetrate as far as the root
section, its strength appearing to decrease from the tip towards the root. 'This span-wise variation
can probably be explained (Fig. 9) by the convergence of compression waves caused by the
constraining effect of the wall (by the condition of symmetry in the case of a complete wing) and
by the recompression at the trailing edge near the root.

At low incidences (up to o = 3 deg), the flow pattern is similar to that described above. It is
noticeable however, that the two shock waves, which subsequently coalesce to form the redr shock
wave, do so more rapidly than at 0 deg.

When the incidence is increased the rear shock wave forms at a lower Mach number. However,
because of the simultaneous existence of a vortex over the outboard part of the wing, the shock
wave is only distinguishable between the root and the reattachment line (e.g., Fig. 10). It seems

4



that it also affects the shape of the secondary separation line producing a characteristic kink® as
mentioned in the section on the subsonic results. Although this kink is close to the leading edge the
shock wave causing it always forms towards the rear of the root section, even at high incidences.
This is especially clear from the pressure distributions close to the root (Fig. 11) which show the
rear shock wave forming at about 0+6 chord, and moving towards the trailing edge with increase
in stream Mach number. '

The reason for the distortion of the separation boundary is not clear, nor is the reason for the two
different types of kink, e.g., Figs. 5a and 10. It is probable that the expansion of the vortex behind
the shock wave is due to the necessity for pressure balance in the separated region. However, there
is no pressure change across the separation boundary with or without kinks.

Besides the rear shock there are two other shock waves on the surface when the wing is at
incidence, which are associated with the leading edge of the wing. Fig. 12 shows the development
of the flow at « = 4 deg. At M, = 0-95 the trace of a shock wave (conveniently called the forward
shock wave) crosses the edge of the transition band at about 0-8 semi-span and intersects the rear
shock wave at about 0-9 semi-span; the complicated flow outboard of the intersection will be
discussed later. When the stream Mach number is increased to 1-0 this forward shock wave moves
inboard and rearward and a shock wave associated with the tip can just be distinguished. With
further increase of Mach number both the forward and the tip shock waves move rearward approxi-
mately pivoting about the root and tip leading edges respectively (Fig. 13). More precisely, the
motion of the forward shock wave is inboard as well as rearward since, at 4 deg incidence, it does
not penetrate to the root section until about M, = 1-24.

The forward shock wave is not visible in the oil-flow patterns at stream Mach numbers less than
0-95 although its existence is confirmed by pressure distributions and optical studies. In such cases
the shock wave lies close to, and almost parallel to, the leading edge so that its trace is obscured by
the roughness band. In the absence of leading-edge separation (z.e., at low incidence) the shock wave
initially forms close to the leading edge, terminating the local supersonic region caused by the
suction peak at the nose. With increase of stream Mach number it moves back in the same manner
as that observed at Mach numbers greater than 0-95. In such cases (without separation) the forward
shock wave is comparatively weak and therefore propagates over the wing surface at almost the
Mach angle of the local supersonic flow. It follows that the shock wave can only turn back over the
wing surface when the local Mach angle is greater than the leading-edge sweep, which, for the
present wing, requires a local Mach number greater than 1-68. In some cases the peak local Mach
number is less than this value at the root but greater at the tip so that the shock wave turns back
over the wing surface at the spanwise position at which this critical value is attained. Outboard of
this position the leading edge is effectively ‘supersonic’ in type and the forward shock is of the same
nature as the disturbance from the apex of a wing having a true supersonic leading edgel®. This
implies that the wing surface ahead of the forward shock is isolated from the tip and root effects
and can be considered as approximating to the flow over an infinite yawed wing. However, the
local supervelocities caused by incidence and thickness turn the flow inboard (¢f. Section 3.1) so
that the forward shock is required to assist in deflecting the flow back parallel to the plane of
symmetry (the tunnel wall). It can be seen that this shock wave is a quasi-conical phenomenon and
is consequently much weaker than the shock waves on two-dimensional aerofoils.

The strength of the shock wave increases with incidence, and above some incidence separation
takes place at the shock; the incidence at which separation first occurs increases as the stream Mach
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number is increased. When there is separation, the forward shock wave causes flow deflections in
two planes, parallel to the surface and also perpendicular to it, and the rearward movement of the
shock wave is reduced. At high incidences the shock strength increases rapidly with incidence, and
the shock moves forward again to the leading edge. The separated boundary layer behind the
shock wave rolls up into a vortex similar to that behind the leading-edge separation at low speeds.
As the stream Mach number is increased at moderate incidences, the transition from leading-edge
separation with a vortex to shock-induced separation is observed to take place quite smoothly, the
subsonic compression becoming a shock wave which moves backwards over the wing as discussed
above. The vortex appears to be of smaller extent at higher speeds, i.e., the reattachment line
moves back more slowly than the forward shock wave.

The tip shock wave is part of a shock-expansion system which equalizes the pressure between the
upper and lower surfaces at the tip. The configuration is approximately conical with a shock wave
on the upper surface merging into an expansion on the lower surface' '8 (Fig. 14). Because it is weak,
particularly at low incidences, the tip shock is not always easy to identify on the oil-flow photographs.

Conditions behind the tip shock wave are difficult to determine since it is only visible at the tip
for a small range of incidences. Above some critical incidence, roughly equal to the incidence at
which separation first occurs behind the forward shock, the tip shock wave moves inboard leaving
a separated region outboard of it. The rate of movement increases with Mach number (Fig. 15).
In some cases (e.g., Fig. 16e) the separation at the tip shock wave provides a good illustration of a
separation line as depicted by Maskelll?,

The main breakdown of the flow on the surface of the wing at supersonic speeds seems to occur
at some stage subsequent to an interaction between the forward and rear shock waves. At the
intersection there appears to be a ‘three-shock configuration’ with a comparatively strong shock
wave outboard of the point of intersection (e.g., Fig. 16b). This shock wave was also observed by
(O’Hara and Scott-Wilson® who discussed its similarity to flow past an infinite yawed wing.

The trace of the shock wave outboard of the intersection is approximately parallel to the trailing
edge, and in all the cases observed the boundary layer separates at the shock wave. With increase of
incidence the shock moves forward until there is a sudden breakdown of the flow outboard of the
intersection point. At the same time the forward shock swings in due to the higher local Mach
numbers, and this helps to move the intersection point inboard.

As the forward shock swings in, the region of separated flow behind it increases in size, and the
vortex becomes predominant on the oil-flow photographs. Near the leading edge the boundary
between the separated flow outboard and the attached flow inboard moves towards the apex with
increase of incidence (Fig. 15). Eventually leading-edge separation occurs along the entire span
of the wing, and the vortex divides a region of reattached chordwise flow near the root from a
separated region over most of the outer wing. There is then a marked similarity between this flow
pattern and that obtained at the same incidence at M, = 0-6 (Fig. Ze).

The interaction phenomena are not quite so simple at lower Mach numbers. In many cases the
forward, rear, and tip shock waves intersect at one point with separation outboard before the
stronger shock wave observed at M, = 1-15 has formed. Consequently the breakdown of the flow
is not so sudden, and the flow pattern looks like a ‘subsonic’ one at a lower incidence.

3.3. Supersonic Stream Speeds. Fig. 17 shows the development of the flow pattern with increasing
incidence at M, = 1-41. Tests were also made at M, = 1-60, but none were made at Mach numbers
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at which the leading edge was truly supersonic (z.e., M, > 1-68). However the flow patterns at
M, = 1-41 and 1-60 show many of the same characteristics as would be found at stream Mach
numbers greater than 1-68. The trailing edge is supersonic at stream Mach numbers greater than 1-19.

At zero incidence (Fig. 17a) there is attached flow over the entire wing surface. The surface-flow
lines deviate noticeably close to the trailing edge due to the trailing-edge shock, as the rearward shock
can now be called. Ahead of this the oil lines are very slightly inclined towards the root probably due
to the local supervelocities as at subsonic speeds. However, the tendency for outflow in the
boundary layer near the trailing edge is much less at supersonic speeds because the chordwise
pressure gradients, and thus the pressure gradients normal to the streamline, are smaller than at
subsonic stream speeds.

At moderate incidences the shock-wave pattern® is similar to that described above for M, = 1-15.
However, because of the higher local Mach numbers the forward shock wave is more highly swept,
and therefore intersects the trailing-edge shock wave further inboard. The strong shock wave
outboard of the intersection moves forward with increase of incidence until the sudden breakdown
of the flow at about 12-2 deg (Figs. 17d and e¢). As at transonic speeds, the flow breakdown at the
tip seems to be initiated by the shock wave outboard of the intersection of the forward and rear
shock waves. However, the stall is much more sudden, the tip shock wave moving from the tip to
about 0-5 semi-span with less than 0-5 deg increase of incidence. (See Fig. 15.)

At M, = 1-6 it was not possible to test the wing up to the incidence at which this flow breakdown
would have occurred. However at incidences up to 9 deg the flow pattern was similar to that at
M, = 1-41 with the forward and tip shock waves more highly swept due to the higher local Mach
numbers (Fig. 18a and b).

On th:e lower surface (Fig. 18c) the flow is everywhere streamwise except close to the tip where
there is an outward flow over the tip chord. This outward flow is gathered into a tip vortex as at

subsonic speeds (Section 3.2).

3.4. The Shape of Shock Waves away from the Wing. Figs. 19a and b show typical shadow
‘photographs taken with the light beam in the plane of the wing and inclined at different angles to
the zero-sweep line. In both cases the free-stream Mach number was 1-24 and the Wingrwas at
6 deg incidence. The photographs show the ‘projections’ of the shock waves on the side wall of
the wind tunnel (¢.e., in the plane of the wing root).

Fig. 19a shows part of the forward shock wave as a nearly normal shock standing a short distance
from the surfacet. A complete discussion of its shape is not possible without a series of photographs
at different angles, but the one reproduced shows that the shock wave is effectively normal. Although
it is part of a quasi-conical phenomenon, this shock wave appears to be normal because only a small
part of the curved wave is strong enough to be visible on a shadow photograph.

Fig. 19b shows the rear shock wave when the wing is at the same incidence. The part near the
wing is the shock wave outboard of the intersection of the rear and forward shock waves. The rear

* In some of the photographs shown in Fig. 17, oil has been allowed to accumulate at the forward shock
position to form a broad band, which is of course unrelated to the width of the shock. These photographs
were taken early in the investigation; other photographs in this Report represent different stages in the
development of the oil technique.

T The white lines visible in this photograph are due to reflections of the light beam at the wing and are
not associated with the flow pattern. '
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shock itself is visible further away from the wing. The different angles are primarily due to the
different flow deflections required at the separation outboard and at the trailing edge. ‘
At lower stream Mach numbers the angle of the shock wave at the trailing edge is more nearly
normal, and correspondingly it is more inclined to the normal at higher Mach numbers.
The tip shock wave was not detected by the shadow method.

4. Summary of Principal Results. 'The principal features of the flow patterns on the upper surface
of the wing are shown diagrammatically in Fig. 20. The change from leading-edge separation to
shock-induced separation is evident as the stream Mach number is increased. In addition, the
existence of ‘subsonic’ type flow at high incidence at supersonic speeds is clearly shown.

The chordwise position of the rear and forward shock waves is shown in Fig. 21 for two spanwise
stations. These particular stations (0+4 and 0- 8 semi-span) were chosen as representative in order to
show the movement of the shock waves; at other stations the locations of the shock waves and the
boundaries are different. The position of the rear shock varies little with incidence, being mainly
dependent on the stream Mach number. The forward shock wave moves rapidly aft as the incidence
is increased as described in Section 3.2 above. The separation behind the forward shock rolls into a
vortex which forms the outboard boundary of the part of the surface influenced by the rear shock
(curves A). Similarly the forward shock is limited by the inward spread of the tip separation (curve B).
At the highest Mach number the forward and rear shocks intersect at 0-8 semi-span (Fig. 21b) and
curve C represents a possible locus of the intersection points. The forward movement of the shock
outboard of the intersection at M, = 1-41 is clearly shown in this figure. The intersection point is
outboard of 0-8 semi-span for Mach numbers below 1-41 so the last-mentioned shock wave does
not appear in this figure for lower Mach numbers. However, it would be shown on a similar figure
for 0:9 semi-span at Mach numbers down to about 1-05.

The boundaries corresponding to the first occurrence of flow separation either at the leading edge
(broken lines) or behind shock waves (full lines) are shown diagrammatically in Fig. 22. Leading-edge
separation starts close to the tip near curve (1) at subsonic speeds and near curve (5) at supersonic
speeds. Fully-developed vortex flow has occurred along most of the leading edge by line (6). For
incidences up to those given by lines (1) and (5) the leading-edge flow is completely attached.
Therefore at incidences above about 4-5 deg a chénge from partially separated to completely
attached flow will take place at the leading edge as the Mach number is increased. Shock-induced
separation (away from the leading edge*) occurs at Mach numbers greater than 0-95 and generally
precedes the leading-edge separation. Since the boundaries shown in Fig. 22 were based on oil-flow
patterns obtained at intervals of, at best, one degree in incidence, they can only be regarded as
approximate; it is felt, however, that the overall trends are correctly shown. It should also be
remembered that the lowest boundary in Fig. 22 is usually lower than any performance or stability
boundary that might be constructed from the variation of forces on the wing.

The intention of Part I of this Report has been only to describe in broad outline the type of flow
changes that occur on a sweptback wing with increases of Mach number and incidence. The effect
of these changes on the local pressures and overall forces on the wing is discussed in Part I of this

# It can be argued that at the higher Mach numbers in the present tests the leading-edge separation is
‘shock-induced’. However the latter term has been restricted to separation caused by the pressure rise through
shock waves at positions behind the leading edge.



Report. It is intended to present subsequently a discussion on the relationship between flow over
a sweptback wing and that over the corresponding two-dimensional aerofoil (the yawed- or sheared-
wing analogy) together with the comparison of some relevant experimental results.
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Fic. 1. The wing planform.
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F16. 2. Oil-flow patterns on the upper surface at M, = 0-6.
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F1G. 2 (continued). Oil-flow patterns on the upper surface at M, = 0-6.
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F16.'5.  Oil-flow patterns at M, = 0-8.
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F1G. 5 (continued). Oil-flow patterns at M, = 0-8.
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F16. 6.  Oil-flow patterns at zero incidence.
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F1G. 6 (continued). Oil-flow patterns at zero incidence.
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F16. 10. Oil-flow pattern at o = 12 deg, M, = 0-95 on the wing upper surface.
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(b) My=0-95
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F16. 12.  Oil-flow patterns on the upper surface at « = 4 deg.
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(d) M=1-05

F16. 12 (continued). Oil-flow patterns on the upper surface at « = 4 deg.
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F1c. 13. WMovement of the forward shock wave on the
upper surface at @ = 4 deg.
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Fic. 14. Section of wave pattern at the tip (in plane perpendicular to
wing tip).
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F16. 16. Oil-flow patterns on the upper surface at M, = 1-15.
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Tip shock

I'16. 16 (continued). Oil-flow patterns on the upper surface at M, = 1-15.
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Fic. 17.  Oil-flow patterns on the upper surface at M, = 1-41.

29



Fi1G. 17 (continued). Oil-flow patterns on the upper surface at M, = 1-41.
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Fic. 18.

Oil-flow patterns at « = 9 deg.
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(a) (b)

Fic. 19. Shadow photographs at M, = 1-24, « = 6 deg. The inclination of the light beam to the normal to
the free-stream direction is (a) 60 deg, (b) 33 deg.
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PART II

Summary. The development of the flow pattern on a wing of aspect ratio 2-828, taper ratio 0-333,
leading-edge sweepback 53+5 deg and 6 per cent thickness/chord ratio in the streamwise direction has been
described in Part I, which discussed oil-flow patterns obtained on the surface of the wing. The complete
programme of tests also included pressure plotting at four spanwise stations and force measurements. These
are discussed in relation to the flow development in this. part of the Report.

The wing was tested at Mach numbers between 0-6 and 16 for incidences up to about 14 deg. The tunnel
stagnation pressure was held constant at a value near atmospheric pressure during the tests, so that the
Reynolds number varied with Mach number: at M = 1-0 it was 2-3 x 10° based on the mean aerodynamic
chord. Boundary-layer transition was fixed by a roughness band at the leading edge.

A detailed analysis has been made of the pressure distributions on the surface of the wing and the
chordwise distributions integrated to determine the spanwise loading. The overall lift and pitching moment
of the wing were also obtained from these data, as well as from direct measurements using a strain-gauge
balance, by means of which the wing drag was also determined. These results are considered in some detail
to illustrate the effects of Mach number and incidence on the flow about the model. A preliminary analysis
is also made of the conditions for boundary-layer separation due to shock waves on the wing surface. The
principal factor appears to be the component of Mach number normal to the shock front.

1. Introduction. During the past ten years, an extensive literature on the aerodynamic behaviour
of sweptback wings has grown up. The majority of the experiments have been limited to the
measurement of lift, drag, and pitching moment on wing-body combinations; such tests, although
valuable in enabling the overall characteristics to be assessed, do not provide any details of the flow
over the wing. For this, a knowledge of the surface pressure distributions is required, preferably
supplemented by some method of flow visualisation. Moreover, since the presence of the body can
have a large influence on the flow pattern, particularly at transonic and supersonic speeds, the tests
are best made on a wing in isolation; in practice this implies the use of a half-wing mounted on either
a tunnel wall or on a special reflection plate.

There are a number of papers which contain pressure distribution on wings in conjunction with
bodies at transonic speeds but few which contain information on a wing alone. Danforth and
O’Bryan® mieasured the pressure distribution on a cambered half-wing model mounted on an
aeroplane wing but the incident range of their tests was limited to 4 deg. Some useful results at low
supersonic speeds (M, = 142, 1-61 and 1-81) were obtained in 1955 by O’Hara and Scott-Wilson®.
In addition to pressure measurements these authors obtained oil-flow photographs which were of
great assistance in the analysis of the pressure distributions. Use of the oil-flow technique has been
reported in other experiments on wings®% %¢ but unfortunately only one of these® includes sonic
speed in its test range; in this experiment an unswept wing was tested up to a Mach number of 1-02.

The experiments described in Part 1T were carried out between 1955 and 1957 and were intended
to provide detailed pressure measurements and flow observations over a wide range of Mach
number on a typical sweptback wing mounted on a tunnel wall. The development of the flow
pattern with both incidence and Mach number was studied. Some of the results were discussed
briefly in Part I, and Part II is intended to supplement and amplify this. .

The experimental details are outlined in Section 2 and a general description of the flow patterns
(discussed in more detail in Part I) is given in Section 3. The pressure distributions are considered
in Section 4 which includes a preliminary estimate -of the conditions necessary for shock-induced
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separation on the wing. The aerodynamic characteristics of the wing as a whole are given in
Section 5. The experimental results are compared with some theoretical predictions in Section 6.

2. Experimental Details. 2.1. The Model. The half-wing* was constructed from ‘Ledloy’, a
steel containing a small percentage of lead, chosen for its extreme stability during machining
operations. The planform is shown in Fig. 1 and the principal geometrical details are given in
Table 1. V

There are a total of 118 pressure holes distributed along the streamwise chords at four spanwise
stations, 0+1, 0+4, 0-7 and 0-9 of the semi-span. The pressure-plotting stations are shown in
Fig. 1 and the chordwise position of the holes are given in Table 2; the diameter of each hole was
0-008 in. '

During most of the experiments the boundary layer was made turbulent near the leading edge
by a band of roughness extending from the leading edge to the local 10 per cent chord line on both
surfaces. This roughness band consisted of a layer of carborundum grains (grade 320, with a mean
particle diameter of about 0-0015 in.) attached to the surface with Durofix. Differential evaporation
tests (using hexachloroethane) showed that at moderate incidences the band was satisfactory in
causing transition at or before the rear of the roughness band along the entire span.

2.2. The Wind Tunnel. The experiments were carried out in the N.P.L. 18in. x 14 in.
High Speed Wind Tunnel at stream Mach numbers between 0-60 and 1-60. Flat, slotted liners®
were used to generate the flows at Mach numbers up to 1-20 and solid, shaped liners for the specific
and higher supersonic Mach numbers. Details of the working-section dimensions and the flow
uniformity are given in Table 3.

The tunnel is driven by the induced-flow principle and has a running time of up to several
minutes, the exact duration being dependent upon the_‘ stream Mach number and stagnation
pressure. The latter can be varied independently of Mach number in the range between one and
three atmospheres. However, all the results presented in this Report were obtained at a stagnation
pressure of 31 in. mercury; for this condition the Reynolds number based on the mean aerodynamic
chord was about 2 x 106 for the range of stream Mach numbers. More precise values are given in
Table 4. '

2.3. Experimental Methods and the Reduction of the Observations. 'The aerodynamic behaviour
of the wing was investigated by using three main techniques:

(1) Surface pressure measurements.
(ii) Strain-gauge balance measurements.
(iii) Surface oil-flow visualisation.

2.3.1. Surface pressure measurements. 'The static pressure, p, observed at each pressure hole was
measured at each spanwise station in turn against the stagnation pressure, I, of the tunnel on a
multitube mercury manometer. The results were then converted to a ratio form, p/H; this was
chosen in preference to the conventional coefficient, C,,, because it is more easily related to Mach
number and is therefore more suitable for illustrating the growth of the local supersonic-flow

regions over the wing.

# This wing is number 12 of a systematic series suggested by C. H. E. Warren in an unpublished R.A.E.

memorandum.
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The chordwise distribution of pressure at edch of the four spanwise stations was plotted and
integrated graphically to give the section normal-force coeflicient Cy(#) and the section pitching-
moment coeflicient C,, (7). By spanwise integration of the former the overall normal-force coefficient,
Cy, was found. The overall wing pitching-moment coefficient, C,,, about the quarter-chord point
of the mean aerodynamic chord was determined in a similar fashion. The co-ordinates of the centre
of pressure on the wing were also obtained. This procedure was followed for the complete range of
Mach number and incidence.

The pressure measurements were also used to obtain the section chordwise-force coefficients,
C x(n), at zero lift. The overall wing chordwise-force coefficient, Cx, was then obtained by spanwise
integration. :

Since pressure distributions were only measured at four spanwise stations it was sometimes
difficult to be certain of the exact form of the spanwise variation of the force and moment coefficients
particularly close to the wing root and tip. On the whole, however, the accuracy is thought to be
quite good. It is difficult to estimate accurately the likely errors but + 0-01 in Cy and + 0-002
in C,, are probably about the maximum likely errors.

2.3.2. Balance measurements. The four-component half-model balance has already been
described by Lambourne® and can be used to determine the model lift, drag, pitching and rolling
moments. During the tests, no satisfactory method could be devised to seal the small gap between
the tongue of the model at the wing root and the surrounding tunnel side wall without placing an
undue constraint upon the model. Hence this gap (about 0-020 in.), necessary to allow for the
deflection of the model when held by the balance, was present during the measurements. Although
the balance itself was in a box sealed from the atmosphere (so that there was no external leak)
and maintained at the tunnel static pressure, the gap at the wing root allowed air to leak from the
lower surface of the model to the upper when the wing was at incidence. This had the effect of
reducing slightly the local lift near the root and altering the wing pitching moment due to a reduction
in the high loading near the leading edge. In general, the drag and rolling moment were not thought
to be much affected by the leak.

The measured forces and moments were converted into the usual coefficient form. Where possible
these were compared with the results obtained by integrating the pressure measurements.

2.3.3. Oil-flow wvisualisation. During the tests extensive use was made of surface oil-flow
patterns to study the growth of part-span vortices, shock waves and separated regions with both
Mach and number incidence. Some of the results have already been described in Part I.

The nature of the flow close to the surface of the wing was investigated by observing the flow of a
thin layer of a mixture of oil and titanium oxide powder. The composition of the mixture was two
parts of Shell Vitrea 72 oil to one part of titanium oxide powder with a small quantity (1 to 5 per cent)
of oleic acid. This mixture tended to break up into filaments as it flowed over the surface; after
running the tunnel for about 2 minutes, these provided a clear indication of the flow direction at
the inner edge of the boundary layer.* It should be remembered that this direction is sometimes

* When the skin friction is very small the pressure gradient may be predominant in determining the
direction of the oil flow. However, this is not very important since the pressure gradient is usually so small in
such regions that the oil does not flow at all (except at the foot of shock waves).
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considerably different from that of the outer inviscid flow (see, for example, Ref. 10). However, the
principal flow phenomena on the surface produce characteristic oil-flow patterns; these are
sketched in Fig. 2.

A possible explanation of the mechanism of the surface-flow technique has been given by
Stalker', who explains the formation of filaments as the ‘wakes’ behind small agglomerations of
the powder. However this mechanism has not been observed by the present authors with the
titanium oxide and oil mixture who would suggest that the filaments form due to transverse
instability of the thin surface film, perhaps as illustrated in Fig. 3. If this were the case the surface
tension as well as the viscosity would be important in determining whether or not the oil film
would break up into filaments. Unfortunately both of these terms are difficult to define for an
oil-pigment mixture'® and a few ad hoc tests using different oils have failed to explain why the
chosen mixture was the most satisfactory.

2.4, Tunnel-Wall Interference. No corrections were applied to the results obtained in the
slotted liners. No significant correction for blockage should be necessary at subsonic speeds but it is
likely that a correction ought to be made to the geometrical incidence. A rough estimate, using
Ref. 13, suggests that the correction may be about 0-05«, the corrected incidence being less than
the geometrical incidence. However, in view of the uncertainty of the magnitude of the correction at
the higher transonic speeds it was decided to present the results uncorrected.

3. Flow Patterns. A qualitative discussion of the flow patterns on the upper surface of the wing
has been given in Part I. The principal features are summarized in Fig. 4% (reproduced from Fig. 20
of Part I) which shows the formation and movement of the vortex and the shock waves with increase
of Mach number and incidence. A brief description of each phénomenon is given below.

At subsonic speeds the dominant flow feature when the wing is at moderate incidences is a vortex
formed by the rolling-up of the boundary layer which separates at the leading edge. Separation
occurs at incidences greater than about 4 deg, spreading inboard from a small region near the tip
as the incidence is increased. At incidences greater than about 12 deg, separation occurs along the
entire span. The separated boundary layer rolls up into the vortex which appears to originate from
" the inboard extent of the separation, sometimes in the past called the ‘eye’ of the vortex. The vortex
crosses the wing at an angle ap'proximately midway between the leading edge and the free-stream
direction with a tendency to curve towards the latter. Behind the vortex the flow is turned towards
the wing and reattachment occurs as shown in Fig. 5. Between the reattachment line and the
leading edge the flow under the vortex separates again; this is usually called a secondary separation.
Thus the vortex lies between regions of attached and separated flow and is effectively a part-span
vortex as suggested by Kiichemann'4.

The rate of inboard movement of the vortex with increasing incidence is only slightly increased
as the free-stream Mach number rises until at Mach numbers greater than about 0-85 the flow
pattern becomes more and more influenced by shock waves. At moderate incidence and above a
certain critical Mach number, the leading-edge separation is suppressed and a shock wave, which
will be called the forward shock wave, forms close to the leading edge near the tip; it moves back
and spreads inboard as the stream Mach number is increased (see Fig. 4). Ahead of this shock wave
the flow is now attached although separation can occur at the shock wave as shown in Fig. 6. The
separated boundary layer then rolls up into a vortex as at lower speeds but the area of the wing

# This Figure is repeated as Fig. 96, which may be extended for reference whilst the text is read.
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influenced by the vortex becomes smaller in extent as the Mach number increases (see, for example,
the sequence of diagrams for « = 9 deg in Fig. 4). With further increase of Mach number, at
constant incidence, the vortex disappears and the flow remains attached at least as far back as the
rear shock wave (Part I), a compression thought to be largely associated with the presence of the
wing root (see below). '

When the Mach number is increased at zero incidence a shock wave first appears at the tip at a
stream Mach number of about 0-90 and subsequently moves back. This shock wave, which will be
called the initial tip shock wave (Fig. 7), is only apparent in a small range of Mach number since it
- is absorbed by the rear shock wave which tends to form ahead of the initial tip shock and which
moves rearward more rapidly,

At low incidences the rear shock wave is first apparent near the tip. At the lowest Mach numbers
at which it is observed it is slightly inclined from the normal to the free stream. It appears to be
formed in the compression region over the rear part of the wing. This compression is diffuse near the
root but steepens further outboard due to the convergence of the compression wavelets; there is
no evidence of a shock wave near the root. As the Mach number is increased, the rear shock moves
back and spreads inboard, reaching the trailing edge at a stream Mach number of about 1-15.

At high incidences the rear shock wave forms at lower Mach numbers and can be observed inboard
of the vortex (Fig. 8). The nature of the shock-vortex interaction could not be deduced from the
oil-flow patterns but the shape of the secondary separation line suggests that the influence of the
shock wave extends through the vortex. ‘

There is a range of incidence, which increases with Mach number, where the forward and rear
shock waves intersect and where there is no separation behind the forward shock (Fig. 9). In this
configuration there is a stronger shock wave outboard of the intersection. In all cases observed,
boundary-layer separation occurred behind this outboard shock. .

The configuration near the tip is further complicated at supersonic speeds by a shock wave
running inboard from the leading edge of the tip chord. This shock wave, which will be called
the tip shock, is part of a quasi-conical wave system which is required to maintain a pressure balance

between the upper and lower surfaces at the tip. For further discussion of the flow development,
see Part 1.

4. Pressure Distributions. The chordwise pressure distributions at the four spanwise stations
(0-1,0-4, 07 and 0-9 semi-span) were measured for a wide range of Mach number and incidence;
the actual conditions are shown in Table 5. Figs. 10, 14, 17, 19 and 20 show the pressure distributions
at five representative Mach numbers and the isobars on the upper surface; these are discussed in
Section 4.1. In Section 4.2 the principal features of the flow pattern are discussed separately, with
particular reference to their formation and the extent of their influence on the upper-surface
pressure distributions. The pressure distributions on the lower surface are discussed briefly in
Section 4.3. Finally, in Section 4:4 an analysis is made of the shock-wave strengths and their
relationship to the separation of the boundary layer.

4.1. Effects of Incidence (at Constant M,). 4.1.1. M, = 0-60. The pressure distributions at
M, = 0-6 (Fig. 10a) are typical for the wing in an entirely subsonic flow. There is in fact a region
where the resultant Mach number is supersonic at moderate incidences but it is always very small in
chordwise extent, occurring in the vicinity of the leading edge where there is a pronounced suction
peak. It does not affect the subsonic character of the flow.
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* At zero incidence the pressure distributions are rather flat with a shallow minimum near the
position of maximum thickness (0-36 chord). The four distributions are compared in Fig. 11 where
the vertical scale is greatly enlarged. Although there is no significant spanwise variation over the
central part of the semi-span there is a definite shift of the distribution near the tip and near the root.
Relative to the local chord the pressure minimum is further forward near the tip and further back
near the root. This means that the isobar sweep is slightly less than the local section sweep.

At low incidences the pressure falls on the upper surface as the incidence is increased, the decrease
being approximately linear except in a small region near the leading edge. In this region, around
0-01 of the local chord, the pressure falls more rapidly and a pronounced suction peak forms at
quite low incidences. Immediately downstream of this minimum the adverse pressure gradient is
large, reducing to a comparatively small value by about 0+ 10 chord. Between this position and the
trailing edge the loading becomes gradually smaller, reaching zero at the trailing edge. Although the
general shapes of the chordwise distributions are the same at all stations there is still a systematic
spanwise variation. In addition to the type of variation noted at zero incidence there is a considerable
variation in the height of the suction peak. This is shown in Fig. 12 where the distributions at
o = 4 deg are compared.

The spanwise variation of the pressure minimum is shown in Fig. 13 for small incidences. There
isasteady increase in the height of the suction peak from the root to the tip when there is no separation.
When separation occurs, however, there is a rapid reduction in the height of the suction peak over the
portion of the span where there is separation. A similar presentation, but in terms of wing incidence
is made in Fig. 30; the sudden rise in pressure after the peak, which is characteristic of leading-edge
separation should be noted. The separated boundary layer rolls up into a vortex which moves
" inboard as the incidence is increased. In the vicinity of this vortex the local pressure on the wing is
comparatively low due to the extra component of velocity induced by the vortex. This is evident in
several of the chordwise distributions but is particularly clear at n = 0-7, « = 8 deg (see Fig. 10a)
where the pressure in a region around 0-3 chord has fallen rapidly from its value at o = 6 deg.
With further increase of incidence the vortex moves inboard, and rearward relative to the station
being considered, until at « = 12 deg it influences the entire chord at = 0-7. The sequence
occurs more rapidly at = G-9 where the effect of the vortex is hardly noticeable at « = 6 deg
but has completely crossed the station at o« = 8 deg leaving the entire chord in a completely
separated region; the pressure fall associated with the passage of the vortex seems to be somewhat
diminished. Further increase of incidence has little. effect on the distribution at this station except
to reduce further the chordwise pressure gradient. The effects of the vortex are noticeable at the
higher incidences at 7 = 0-4 but there is no evidence of it at = 0-1 except at o = 14 deg. '

4.1.2. My = 0-90. 'The pressure distributions at M; = 0-90 are shown in Fig. 14a. At this
Mach number there are quite large regions where the local Mach number is supersonic when
the wing is at moderate incidences but on the whole the flow tends to be largely subsonic in
character. -

At zero incidence there is only a very small region of supersonic flow and no definite shock waves
were observed. The spread of the supersonic region as the incidence is increased is shown in Fig. 15.
- At low incidences the inboard spread is rapid but the rearward movement is slow and near the tip
the position of the rearward part of the sonic contour remains almost constant until the incidence
is greater than 4 deg. The pressure distributions at » = 0-9 show that a weak shock wave, which
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may be identified as the initial tip shock wave, forms just ahead of the sonic line as the incidence is
increased. At incidences greater than 4 deg separation occurs at the leading edge and prevents
further development of the shock wave.

As the incidence is increased a suction peak forms close to the leading edge. At each station the
height of the suction peak increases with incidence until separation occurs; the variation of the
pressure minimum at each station is shown in Fig. 16. In all cases the local Mach number exceeds
1-68 (the value for which the component Mach number normal to the leading edge is unity) before
separation occurs. In practice the local flow is inclined inboard so that the component Mach
number in a direction normal to the leading edge exceeds unity at a local Mach number less than
1-68. However, in such cases it is reasonable to expect a shock wave to occur behind the suction
peak; this shock is difficult to detect at M, = 0-90 because the compression is always steep in this
region, even in the absence of a shock wave,

At higher incidences, the boundary layer separates at the shock wave and rolls up into a vortex.
Separation first occurs near the tip and spreads inboard with increase of incidence as in the case of
leading-edge separation at M, = 0-6. The distinction between leading-edge separation and
separation initiated by the forward shock lying close to the leading edge is not an easy one to make,
though an estimate may be made from the general shape of the curves of Fig. 16. Thus true leading-
edge separation may occur at y = 0-9 (¢f. Fig. 30) and shock-induced separation at 7 = 0-7.
Typical pressure distributions showing shock-induced separation followed by a vortex are those at
o = 8 deg and 10 deg at = 0-4. At o« = 8 deg reattachment behind the vortex occurs at about
0-3 chord and then there is a further recompression at about 0-5 chord due to the rear shock wave.
At higher incidences the vortex has moved rearwards at this station and the recompressmn near
reattachment obscures the shock-wave compression.

The rear shock wave is not very prominent at this Mach number although the strong recompression
which leads to it can be seen over the rear part of the chord at % = 0-1. Further outboard it is
obscured by the vortex, except at « = 6 deg and 8 deg at n = 0-4.

The detail of the separation process in the tip region is difficult to follow at this Mach number
and will only be outlined here. The separation first occurs at the forward shock wave which lies
close to the leading edge. However, with further increase of incidence the shock wave moves
forward (near the tip) and the suction peak diminishes until the shock wave disappears leaving a
leading-edge separation as at lower Mach numbers.

4.1.3. M, = 1:00. The main features of the flow at M, = 1-00 (Fig. 17) are similar to those
at M, = 0-90. However, the shock waves are stronger and more highly swept so it is much easier
to distinguish their effects on the pressure distributions. ‘

The initial tip shock wave can be distinguished at zero incidence, the pressure rise occurring at
about 0-60 chord at = 0+9. On the upper surface it moves forward with increase of incidence but
is absorbed at « = 2 deg by the rear shock wave which is moving back. The initial tip shock moves
rearwards on thé lower surface, becoming weaker as the incidence is increased.

The pressure rise through the rear shock wave and its associated compression inboard is clearly
defined at all spanwise stations and for all incidences at which the region of separation does not
obscure it. The spanwise variation of the chordwise pressure distribution at « = 4 deg is shown in
Fig. 18; at this incidence the rear compression runs from about 0-9 chord at 5 = 0-1 to about
0-4 chord at y = 0-9, becoming stronger near the tip. There is very little change in position with
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incidence but the pressure rise across the shock wave increases with incidence. At each station
there is an incidence, varying from about 5 deg at y = 0-9 to about 14 deg at y = 0-4, at which the
separated region behind the forward shock wave extends as far back as the rear shock wave. The
latter is then influenced by the recompression inboard of the vortex.

The forward shock wave occurs just downstream of a leading-edge suction peak which is
noticeably broader than at subsonic Mach numbers, particularly at the outboard stations. At
7 = 0-9 the shock wave appears to form at about 017 chord at « = 4 deg and to move forward to
about 0-07 chord at « = 6 deg. However, in the latter case separation has occurred at the shock
wave and as a result the surface pressures behind the shock are considerably influenced. In the
absence of separation the forward shock wave moves back (e.g., at = 0-4 and 0-7). When the
incidence is raised after separation has occurred the shock wave moves forward and then disappears;
see, for example, the curves for « = 6 deg, 8 deg and 10 deg at = 0-7.

When the flow separates at the forward shock wave it rolls up into a vortex which grows in extent
as the incidence is increased (Part I). (See Figs. 4 or 96.) The effects of the vortex are best seen
at 7 = 0-4 at incidences greater than 8 deg.

414 M, = 1-1. In general the flow at M, = 1-1 (Fig, 19) is similar to that at M, = 1-0, but
the shock waves are slightly more inclined at any given incidence because the local Mach numbers
are higher. At y = 0-1 (Fig. 19a) the suction peak develops at the leading edge as the incidence is
increased; the compression immediately downstream steepens into a shock wave (the forward shock
wave). The rear shock wave forms in the last 10 per cent of the chord, the compression increasing
rapidly as the incidence is raised.

At low incidences the same features can be seen at = 0-4. However the suction peak develops
more rapidly and separation occurs immediately downstream of it at incidences of 8§ deg and above.
The extent of the separation increases with incidence until at « = 12 deg it extends as far as the
rear shock wave which is at about 0°9 chord. The combined effects of the rear shock wave and the
compression near reattachment produce an exceptional pressure rise resulting in a relatively high
pressure just ahead of the trailing edge.

At » = 0-7 a broad suction peak develops at low incidence but at incidences of 4 deg and above
the flow expands supersonically around the leading edge as far as the forward shock wave. This
shock wave moves back and becomes stronger as the incidence is increased until separation occurs
at « = 8 deg. It then moves forward rapidly as the separated regions outboard and to the rear
develop so that by « = 10 deg there is effectively a leading-edge separation extending over the
entire chord. The rear shock wave remains stationary at about 0-75 chord as the incidence is
increased until engulfed by the separated region behind the forward shock at « = 8 deg.

At a particular incidence the forward shock is furthest rearward relative to the local chord at
% = 09 and is somewhat stronger there; separation therefore occurs near the tip at a slightly lower
incidence than inboard. At « = 6 deg the separation behind the forward shock wave pushes the rear
shock wave back from about 0-65 chord to 0-90 chord and at higher incidences the forward shock
wave has moved to the leading edge; separation then extends over the entire chord.

4,15. M, = 1-41. The pressure distributions on the upper surface at M, = 1-41 and the
corresponding isobars at three incidences are shown in Fig. 20. At n = 0-1 the pressure falls steadily
as the incidence is increased up to 12 deg. Between « = 12 deg and 14 deg there is a slight increase
in pressure over the rear part of the chord but further forward the pressure decreases as before.
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The increase in pressure at about 0-75 chord at @ = 14 deg could be due to the influence of the
displaced tip shock, which has moved.inboard to about 5 = 0-40 at the leading edge (Fig. 21),
but the complete details of the associated shock-vortex interaction are not yet understood.

Over most of the chord at y = 0-1 the loading is almost constant but near the leading edge the
upper-surface pressure falls more rapidly, with a consequent increase in local loading especially at
the higher incidences, and the forward shock wave forms at about 0-07 chord. The boundary
layer separates at the shock at o = 12 deg and 14 deg and rolls up into a very tight vortex; at this
station reattachment occurs quite close to the shock wave.

The forward shock wave is clearly shown in Fig. 20a at o = 0-4. It moves back from about
0-13 chord at « = 4 deg to about 0-38 chord at o = 12 deg. The absolute pressure rise through the
shock is not very large but the pressure ratio across the shock may be quite high. This apparent
reduction in the effect of the forward shock on the surface pressures is a feature of the supersonic
results. With further increase of incidence separation spreads inboard from the tip and the shock
wave disappears over the outboard region (see Fig. 96). At « = 14 deg the flow at n = 0-4 is
attached over the forward part of the chord until it is separated by the displaced tip shock wave at
about 0-17 chord. The rear shock wave is at the trailing edge at all incidences below 14 deg
becoming stronger as the incidence is increased. When the vortex crosses the trailing-edge pressure
hole the pressure decreases rapidly and the rear shock disappears.

At » = 0-7 the forward shock wave moves rapidly backwards as the incidence is increased until
at about « = 8 deg it intersects the rear shock wave (Fig. 96). The latter remains at the trailing
edge at low incidences but moves forward between 4 deg and 8 deg so that the intersection occurs
in the region of 0-75 chord. The actual pressure distribution at 8 deg is somewhat complicated.
Separation occurs at the forward shock wave (say 0-7c) with reattachment almost immediately
downstream closely followed by the rear shock wave which causes further separation. When the
point of intersection is inboard of the pressure-plotting station the outboard shock moves forward
with increase in incidence (Fig. 22) until at an incidence found by careful observation to be 123 deg
it suddenly advances to the leading edge and separation simultaneously extends over the entire
chord. The pressure distributions at « = 14 deg, are typical of those obtained in the flow régime.

The intersection of the forward and rear shock waves is inboard of 9 = 0-9 at incidences greater
than 5 deg so that the movement of the outboard shock wave is clearly shown in Fig. 20a. In all
cases the boundary layer separates at the outboard shock wave.

The positions of the shock waves as determined from the pressure distributions are shown in
Fig. 22. These are in close agreement with the positions deduced from the oil-flow photographs in
Part I.

Apart from the forward shock wave there is a spanwise pressure gradient. As this is not immediately
obvious from Fig. 20 the pressure distributions at the four spanwise stations are compared in
Fig. 23 at « = 6 deg. There is a gradual decrease in pressure from the root to the tip even in the
attached flow ahead of the forward shock wave though the gradient is not large. The spanwise
variation falls to a very small value at the trailing edge except near the tip where the flow is
separated behind the outboard shock wave.

4.2. Duscussion of the Principal Features of the Flow. The regions of Mach number and incidence

in which the principal features of the flow occur are shown in Fig. 24. These features, which are not
necessarily co-existent, are
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(i) The vortex.
(ii) The forward shock wave.
(iii) The initial tip shock wave.
(iv) The rear shock wave.
(v) The outboard shock wave.
(vi) The tip shock wave.
The last two have been omitted in Fig. 24 for the sake of clarity.
It is convenient to divide the Mach number-incidence plane into eleven regions, as in Fig. 24,
which can be described as follows:
- (1) Attached flow, no shock waves.
(2) Separation at the leading edge forming a vortex.
(3) Forward shock wave only, no separation.
(4) Forward shock wave only, separation at the shock forming a vortex.
(5) Initial tip shock wave, with or without a rear shock.
(6) Forward and rear shock waves present, no separation,
(7) Forward and rear shock waves present, separation behind the forward shock forming a vortex.
(8) Rear shock wave only, leading-edge separation forming a vortex.
(9) Forward and rear shock waves intersecting on the wing with a strong outboard shock wave
causing separation.
(10) Forward and rear shock waves intersecting at the trailing edge.
(11) Rear shock wave only, no separation.
The boundaries between these regions are studied below and each flow phenomenon is treated

separately. However, since Fig. 24 does not give the full picture because it takes no account of
spanwise variations, similar diagrams are given in Fig. 25 for each of the pressure-plotting stations.

4.2.1. The vortex at subsonic speeds. 'The formation of the vortex at M, = 0-6 has been mentioned
above (Section 4.1.1). When the incidence is greater than about 4 deg the pressure gradient just
downstream of the suction peak becomes large enough to separate the boundary layer which rolls up
into a vortex. Between the vortex and the wing the velocity induced by the former is comparatively
high and produces a region of relatively low pressure.

Although the general effects of the vortex can bé seen on the pressure distributions (e.g., Fig. 10)
the region. of influence is not very sharply defined because of the chordwise pressure gradient in the
-absence of separation. However, a simple method of detecting the vortex can be derived by using the
known behaviour of the pressure distribution at small incidence where the pressure decreases
approximately linearly with incidence. Extrapolation gives a hypothetical attached-flow pressure
distribution for the c¢ases where separation has taken place, which can be subtracted from the
measured pressure distribution to give the pressure distribution due to the vortex. A typical example
is shown in Fig. 26 where — 8p,, the increment of pressure attributed to the vortex, is given by

0
\ - op, = () = (20

the suffix , referring to zero-incidence conditions. An estimate of the position of the vortex can be
made by assuming that the centre of the vortex lies above the position where — §p,, is 2 maximum.
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A comparison of this estimate with the position as determined from the oil-flow patterns (i.e., the
point of inflection of the sinuous trace sketched in Fig. 2a) is made in Fig. 27. In view of the
uncertainties in both methods the agreement appears to be reasonable.

An equivalent but rather simpler procedure is to étudy the passage of the vortex over a particular’
point on the wing by plotting — 8p,/« against incidence. This function is approximately zero until
the reattachment line crosses the pressure hole, after which there is a rapid rise as the vortex
influence is felt. Fig. 28 shows the variation of — 8p,/a with incidence at three chordwise positions
at 7 = 0-7. It is probable that the centre of the vortex crosses each chordwise position at an
incidence close to that where — 8p, /o is a maximum but this is difficult to determine unless measure-
ments are available at very close intervals of incidence. However, the incidence at which the
reattachment line crosses a pressure hole can be determined more easily if it is assumed that this is
the incidence where p, /o diverges significantly from zero; comparison between this determination
and that from the oil-flow patterns is made in Fig. 29. |

It is impossible to obtain detailed information about the conditions necessary for leading-edge
separation from experiments on the present scale. However, it is possible to obtain some information
from a brief study of the pressure distributions in this region. At low speeds Garner and Bryer!®
have shown that the ‘eye’ of the vortex can be determined by ‘selective pressure-plotting’, which is
essentially similar to the second method described above in which 8p,/« was plotted against « for a
particular point on the wing. Garner and Bryer considered the variation of C,, with incidence and
showed that the maximum negative C,, occurred when the centre of the vortex crossed the pressure
hole (the vortex was located by tufts).

The values of the minimum pressure at each of the pressure-plotting stations at M, = 0-60 are
shown in Fig. 30. At each station the minimum pressure decreases rapidly with increasing incidence,
reaches a maximum and then increases again, at first rapidly but finally tending to a limit which
depends on the spanwise position. It was found that separation had occurred at all cases where the
incidence was higher than that at which the peak suction was a maximum. Cases in which
separation had occurred are shown by filled symbols in Fig. 30.

At a given incidence the position of the vortex is not much affected by the sﬁream Mach number.
There may possibly be a slight tendency for it to move inboard with increasing Mach number but
there is no significant change in the subsonic speed range. At some subsonic Mach number, however,
there is a change in the conditions at the leading edge and the flow expands round the leading edge
in a supersonic manner and a shock wave occurs close to the leading edge. The first occurrence of such
a shock wave may be expected when the local Mach number exceeds 1-68 (i.e., when the component
normal to the leading edge exceeds unity) which first happens at a stream Mach number of about 0- 8.
However, the transition from a suction peak to a supersonic type of expansion followed by a shock
wave does not happen suddenly although there are indications of a change in the shape of the peak
suction curves when the local Mach number is above 1-68. In Fig. 31, which shows the peak suction
at M, = 1-15, there is a distinct change in slope of the curves at a pressure corresponding to a local
Mach number of about 1-68. The curves of Fig. 31 when compared with those of Fig. 30 show well
the characteristic differences in shape associated with shock-induced and ordinary leading-edge
separation.

4.2.2. The forward shock wave. When the local Mach number is high enough for the component
normal to the leading edge to exceed unity the outward-running Mach lines remain on the wing
and compressions can steepen into shock waves. To a first approximation the local flow is streamwise
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so that shock waves are possible when the local Mach number exceeds 1-68. Outward-running
Mach lines would then, for example, proceed behind the wing leading edge. For a given stream Mach
number this value is first attained near the tip as the incidence is increased and further inboard it is
only attained at higher incidences; see, for example, Fig. 31. Approximate boundaries for the
appearance of the forward shock are shown in Fig. 32 for the four pressure-plotting stations.
To the right and above such lines there is likely to be a shock wave lying close to the leading edge.
At a given Mach number, however, the shock wave moves back and becomes stronger as the
incidence is increased. This is shown, for example, in the curves for % = 0-7 in Fig. 19,
M, = 1-10. In this particular case the shock wave begins to form at « = 3 deg approximately and
increases in strength as the incidence is increased up to 8 deg. At this incidence the shock wave is
strong enough to cause separation and its rearward movement is reduced. With further increase of
incidence the shock wave moves forward to the leading edge and disappears. The limiting conditions
at which this occurs are also shown in Fig. 32. This limit is only reached, however, within a certain
range of stream Mach number. At higher values a different limit is found, above which the forward
shock wave intersects the rear shock wave inboard of the station under consideration leaving only
the outboard shock wave at this station. The limiting conditions, where this interaction takes place
at the chosen station, are also shown in Fig. 32.

At the lower end of the Mach number range in which the forward shock wave is present (i.e., at
Mach numbers of about 0-9) the shock wave just forms close to the incidence at which separation
occurs. In this case increase of incidence tends to suppress the shock wave by extending the separated-
flow region. On the other hand at higher incidences increase of Mach number tends to suppress the
separation. 'The mechanism is not completely clear but a qualitative picture may be suggested.
When the forward shock wave is present the separation occurs at the shock wave and rolls up into a
vortex similar to that at lower Mach numbers. However, although the separation moves back with
the shock wave the reattachment line stays in approximately the same position. Consequently the
vortex becomes smaller and smaller until the separation is entirely suppressed. This in effect argues
that the reattachment line plays a dominating part in the flow pattern and is fixed primarily by the
wing incidence. For a different viewpoint it may be suggested that the severity of the separation
decreases because the pressure ratio across the forward shock diminishes at the higher Mach
numbers (see Fig. 34). 7

The positions of the forward shock wave insofar as they can be determined are shown for three

-spanwise stations in Fig. 33. Except close to the limits there is a steady rearward movement with
increase of either Mach number or incidence. The rate of movement is more rapid at the outboard
stations and at the higher Mach numbers the movement is approximately as if the shock wave were
pivoting about the apex of the wing (see Fig. 22).

‘A similar shock wave occurs in the flow over a wing at incidence with supersonic leading edges
and its function is explained by Fowell'S. Briefly, it is required to assist in turning the flow back to
the stream direction after it has been accelerated and turned towards the root as it expanded round
the leading edge. ‘

The pressure ratio across the shock wave p,/p,, can be obtained directly from the pressure
distributions and the values are then shown in Fig. 34: the definitions of p, and p, are shown in the
inset. There is some uncertainty in the ratio, mainly because p, is not always well defined. On the
whole, however, the accuracy appears to be quite good. At a given Mach number the shock-wave
strength increases, usually rapidly, until it is strong enough to cause separation. Subsequently, its
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stréngth becomes more difficult to determine and no consistent variation is obtained. When the
Mach number is increased at a fixed incidence, however, the strength of the shock wave decreases
and in cases where there is separation initially, it is suppressed.

In the absence of separation the forward shock wave increases in strength towards the tip.
A typical case is shown in Fig. 35. At the inboard stations there is a suction peak but no evidence
of a shock wave near the leading edge while at the outboard stations the forward shock wave is
clearly evident, being slightly stronger at = 0-9 than at y = 0-7.

The forward shock wave may be considered to be the outboard boundary of the region of the
upper surface which is directly affected by the root. In theory the region ahead of this shock wave
can be affected from the lower surface but the effect can be shown to be small. In this region the
flow is expanding supersonically and to a first approximation, Z.e., neglecting incoming Mach
waves, the pressure distribution might be expected to be independent of stream Mach number.
There is therefore an analogy with the two-dimensional transonic freeze. This is illustrated in
Fig. 36 which shows the variation of pressure at points on the wing surface at « = 6 deg. When the
Mach number is high enough for the forward shock to be behind the pressure hole the pressure
remains very nearly constant and thus almost independent of the stream Mach number. The small
spanwise pressure gradient in the region ahead of the forward shock is clearly shown in this figure.

4.2.3. The initial tip shock wawe. At zero incidence the critical Mach number® is slightly less
than 0-9. As the Mach number is increased from low speeds, sonic velocity is first reached near
the tip where the local isobars are relatively unswept, and at M, = 0-90 the supersonic region is
quite small, as shown in Fig. 15. With further increase of Mach number the initial tip shock wave
forms at the rear of the supersonic region and moves slowly aft. This can be observed on the pressure
distributions at = 0-9 which are given in Fig. 37. The initial tip shock wave is apparent at about
0-45 chord at M, = 0-95 and further back at higher Mach numbers. At stream Mach numbers
greater than 1-025 the pressure rise through this shock wave cannot be distinguished from that of
the rear shock wave which moves back rapidly from about 0-20 chord at M, = 1-00.

The movement of the initial tip shock wave with incidence is best seen at M, = 0-975, as shown
in Fig. 38. It moves forward with increase of incidence until it meets the rear shock wave which is
moving back. It is impossible to tell whether the two shock waves intersect or coalesce because the
initial tip shock wave can only be distinguished at one pressure-plotting station. In any case its
presence would seem to be unnecessary when the rear shock wave is strong enough to decelerate
the flow back to subsonic speeds. The initial tip shock wave is also present on the lower surface where
it moves back and becomes weaker as the incidence is increased. At incidences greater than 5 deg
the lower surface can be regarded as shock free. '

The development of the shock wave with Mach number is more clearly seen on the lower surface
at small incidences than it is at zero incidence because the rear shock is very weak and far forward
(or absent altogether). This is shown in Fig. 39 where the pressure distributions on the lower surface
at o = 2 deg are shown. The critical Mach number is a little higher than at zero incidence but the
initial tip shock wave is clearly seen at about 0-50 chord at M, = 0-95. With increase of Mach
number it moves back, as at zero incidence, first increasing in strength and then becoming more
diffuse until at Mach numbers greater than 1-05 the compression is gradual and apparently shock-
free, though no direct evidence on this point is available.

* That is the stream Mach number at which local supersonic flow occurs on the wing surface.
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A summary of the conditions at which the initial tip shock wave is observed and its positions
are given in Fig. 40. The boundaries are approximate because it is not possible to determine exactly
the condition at which the shock wave becomes a diffuse compression and vice versa.,

4.2.4. The rear shock wavé. The rear shock wave is associated with the compression over the
rear part of the wing and at sufficiently high Mach numbers it becomes the trailing-edge shock wave.
At subsonic speeds there is a diffuse compression over the rear of the wing but as the Mach number
approaches unity this compression steepens and a shock wave is formed. This is illustrated in
Fig. 41 which shows the pressure distributions at « = 12 deg at a station close to the root. The
process occurs more quickly further outboard and the shock wave first forms at a somewhat lower
Mach number. The values of Mach number and incidence for which the rear shock wave is present
at each-of the pressure-plotting stations are shown in Fig. 42. At the outboard stations it is only
present at small incidences; at higher incidences it is obscured by the vortex behind the forward
shock wave, which is growing and moving inboard with increasing incidence. At higher Mach
numbers where the forward shock has not caused separation the limit is set by the incidence at
which the forward and rear shock waves intersect at the station under consideration. .

- The positions of the rear shock wave are shown in Fig. 43. Apart from a few cases near the
limits of its existence the position of the rear shock wave is almost independent of incidence. It
moves rearward with increasing Mach number, more rapidly at the outboard stations than further
inboard. At Mach numbers greater than 1-15 it is very close to.the trailing edge at all spanwise
stations. This is in agreement with what might be expected from simple considerations based on

_ the trailing-edge angle: the trailing edge is ‘sonic’ (in the sense that the component of the free-stream
Mach number normal to the edge becomes unity) at M, = 1-19.

The pressure ratios across the rear shock wave are shown in Fig. 48 for the few cases in which a
reasonable estimate can be made. This is only possible when the shock wave is not too close to the
trailing edge. There is a considerable spanwise variation in shock strength, which increases from the
root to the tip. In most cases the shock wave was not strong enough to cause separation, but at
a = 4 deg separation occurred at the outermost station, » = 0-9. No data could be obtained at
this station at higher incidences because the intersection with the forward shock wave occurred
further inboard. , ' .

At high incidences the rear shock wave intersects the reattachment line downstream of the vortex
and the combined pressure rise is particularly large. This is particularly evident in Figs. 14a and 17a,
at « = 12 deg at = 0-4. No details of the interaction between the shock wave and the vortex
could be obtained because the pressure holes were too widely spaced.

It is of some interest to consider the relation between the pressure increases across the forward
and rear shock wave. In the region between these shock waves the surface pressure changes slowly
and, depending on the incidence and stream Mach number, either a compression or expansion may
occur; these are always small however. The major part of the flow recompression, therefore, occurs
through the forward and rear shock waves. A typical breakdown of the pressure recovery over a
range of free-stream Mach number is shown in Fig. 45 for an incidence of 4 deg at = 0-7. The
marked decrease in the contribution of the forward shock wave, as the stream Mach number is
increased, is particularly evident. This is mainly due to the fact that the pressure behind the shock
wave falls in a similar fashion to the free-stream static pressure whilst the pressure ahead of the
shock varies very little. The pressure rise between the forward and rear shock waves is small and
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approximately independent of stream Mach number and at Mach numbers greater than 1-4 nearly
all the pressure rise takes place through the rear shock wave. The pressure variation behind the rear
shock wave closely follows that of the free-stream static pressure but the pressure recovery on the
surface between the rear shock wave and the trailing edge decreases from an appreciable value at
My = 1-00 (where the rear shock wave is at 0-6 chord) to zero at M, = 1-41, when it is virtually
at the trailing edge.

4.2.5. The outboard shock wave. This is the shock wave which occurs outboard of the intersection
of the forward and rear shock waves and is only present in a very small range of incidence at stream
Mach numbers less than 1-20, disappearing with the advent of the tip stall. At M, = 1-41 and 1-6
however it persists for a wide range of incidence. The conditions at which it occurs and its position
are shown in Fig. 46. At a particular Mach number it moves forward as the incidence is increased,
the configuration at two slightly different incidences being as shown in Fig. 47. The pressure ratio
across the shock wave increases as the shock wave moves forward as shown in Fig. 48. In all
cases, separation occurred at the shock wave. Although very little data is available at Mach numbers
other than 1-41 it appears that the strength of the outboard shock wave decreases with increase of
Mach number. '

Pressure distributions illustrating some features of the outboard shock wave are shown in Fig. 49
which shows the development of the pressure distributions at = 0-90 at M, = 1:20. At « = 4 deg
the forward and rear shock waves are quite distinct but at « = 5 deg the two shock waves are close
together, the forward shock wave having moved back and the rear shock wave slightly forward.
The point of intersection crosses the pressure-plotting station at some incidence between 5 deg and
6 deg so that at the higher incidences there is only a single shock wave, the outboard shock wave. .
The forward movement of this shock wave is apparent as the incidence is increased. Although the
flow is separated behind the outboard shock wave there is a curious fall of pressure between 0-7
and 0-85 chord at « = 7 deg. T'wo possible explanations are offered neither of which can as yet be
substantiated. Firstly it is possible that there may be an expansion centred at the three-shock
intersection. Alternatively there may be a vortex crossing the pressure-plotting station downstream
of the outboard shock wave. These possibilities are illustrated in Fig. 50.

4.2.6. The tip shock wave. The pressure-plotting station at n = 0-9 is not close enough to the
tip for studying the tip shock wave. However, when the tip shock wave is strong enough to cause -
separation it moves inboard with increasing incidence so that, for a given Mach number, there is a
small range of incidence within which it crosses the pressure-plotting station. The values of Mach
number and incidence for which it passes across the two outboard stations are shown in Fig. 51.
Unfortunately the regions in which this passage occurs are extremely narrow and it is not possible
to study them without making measurements at much closer intervals of Mach number and
incidence than was done in the present experiments.

4.3. The pressure distributions on the lower surface. Although the behaviour of the pressure
distributions on the lower surface is usually regular with the pressure increasing steadily as the
incidence is raised, it may be useful to draw attention to certain irregularities. A few remarks can be
made concerning the flow round the leading edge; the effects of the upper-surface vortex on the
lower-surface pressure distribution can be fairly large. In addition there is a limited range of Mach
number and incidence in which there are shock waves on the lower surface, although these are
never strong enough to cause separation.
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The variation of the pressure at the leading edge (i.e., (x/c) = 0) at zero incidence is shown in
Fig. 52a for the four pressure-plotting stations. At all Mach numbers there is a pressure gradient
from the root to about ‘mid-span; further outboard the pressure is approximately constant. The
pressure at the outboard stations is close to the value which would be predicted by bringing
isentropically to rest the normal component of the free-stream velocity while keeping the tangential
component constant; at Mach numbers greater than about 1-20 this is no longer the case because of
the unknown losses through the bow shock wave.

As the incidence increases the ‘stagnation’ line moves on to the lower surface and the maximum
pressure tends to increase slightly. The position of the maximum pressure is more rearward at the
tip than at the root, reaching about 0-03 chord at « = 14 deg (at = 0-9).

The effects associated with a vortex on the upper surface spread round the trailing edge to the
lower surface but the main influence of the vortex appears to be localized within a comparatively
small region near the part of the trailing edge which is affected by the vortex. This is shown in
Figs. 10a and 14a where there is no effect of the vortex at y = 0-1 and, except at the highest
incidences where the vortex actually affects the trailing edge, none at 4 = 0-4. In addition to the
substantial decrease in pressure in the area directly affected, there is also a general effect at the
outboard stations where the rate of increase of pressure with incidence is diminished. This is
particularly noticeable at 7 = 0-9. The variation of the trailing-edge pressure on this wing and its
relation to that on the lower surface at 0-95¢ has been discussed elsewhere by Pearcey!”. Figs. 52b
to 52¢ based on two Figures in Ref. 17 shows the cross-relationship between the pressures at these
two points. At M, = 0-85, a difference occurs when the vortex approaches and subsequently crosses
the spanwise station; the lower-surface pressure responds to the altered trailing-edge conditions.
At M, = 1-15 and 1-41, the lower surface is apparently behaving independently of the upper
* surface and the divergence of the broken and full lines is indicative of the fact that the trailing-edge
region is beginning to carry loading much in the manner of a supersonic wing.

The occurrence of the initial tip shock wave on the lower surface has been mentioned above
(Section 4.2.3). In addition to this the rear shock wave also exists there in certain conditions. It is
present at zero incidence at all Mach numbers greater than about 0-95 although it is usually quite
weak. As the incidence is increased its strength rapidly diminishes but it is still present at small
incidences as, for. example, at « = 2 deg at = 0-9 in Fig. 19a. The occurrence of these shock
waves on the lower surface is of little significance. However it may be worth noting that the irregular
increase of pressure with incidence associated with the development of local supersonic flow does
lead to limited regions in which the loading on the wing is negative.

4.4. Shock Wave and Boundary-Layer Interaction. It is apparent from the preceding discussion
that problems of shock-wave and boundary-layer interaction also occur on a swept wing: The
general topic has been discussed very fully for two-dimensional flows and in recent years a considerable
understanding of the problems involved has been obtained (see, for example Refs. 21, 22, 36).
The extension of this work to three-dimensional flows has, as yet, received less attention, mainly
because the phenomena involved are more complex, and satisfactory experimental data are limited.
An early attempt to analyse flight tests and wind-tunnel tests on aircraft configurations was made
by Pearcey and Holder®®. They found that the information available at that time was not sufficient
to enable an analysis of shock-wave and boundary-layer interaction to be made. More recently, a
brief analysis of certain wind-tunnel results obtained on a swept wing was made by O’Hara and
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Scott-Wilson?, who pointed out that there was a marked similarity between the flow over a two-
dimensional aerofoil at transonic speeds and the flow over the region of the wing containing what
has been called the outboard shock wave, in this Report and elsewhere. This analysis was made in
terms of the component of Mach number normal to the leading edge of the wing in accordance
with the usual interpretation of simple sweep theory.

In view of the lack of previous information it was decided to attempt some analysis of the present
results to see whether the ideas and criteria which have resulted from the two-dimensional
investigations could be extended to sweptback wings. It is appreciated that this step is a large one
and would be made more logically by means of simpler models where conditions more nearly
approach those on an infinite sheared wing. Nevertheless, although the rather small aspect ratio
of the present wing suggests that the flow will be dominated by root and tip effects, it appears that
some analysis is justified. It should be stressed, however, that the conclusions of the present section
are tentative and need to be substantiated by further studies, such as the tests on a yawed aerofoil
spanning the tunnel which will be reported separately. )

Three of the shock waves can be considered for studying the effects of shock-wave and boundary-
layer interaction: the forward, rear, and outboard shock waves. The tip shock wave is unsuitable for
any detailed consideration because only in a few cases can its influence be detected at a pressure-
plotting station. Of these shock waves, information about the forward shock wave can most readily
be obtained since it crosses two or three of the pressure-plotting stations. Moreover, it is well defined

on the oil-flow photographs over a wide range of incidence and free-stream Mach number. This
shock wave will therefore be considered initially.

4.4.1. The forward shock wave. The forward shock wave has been considered above (Section
4.2.2) and its position and strength are shown in Figs. 33 and 34. Since the shock wave can be
regarded as the outboard boundary of the region of the wing which is influenced by the root, the
flow ahead might be expected to approximate to that over a swept wing of infinite extent. The oil-flow
patterns show that the oil filaments in this region are almost straight and are inclined slightly inboard
from the free-stream direction. This inclination, 8 (Fig. 53), can be imagined as arising from the
increase in the velocity component normal to the leading edge from its free-stream value, U, cos A,,
due to the wing thickness and incidence; the velocity component along the leading edge, U, sin A,,
remains unaffected. It can be shown that if this is correct, and if the total pressure losses through
the bow shock wave are neglected, then # can be obtained from

sin (Ag—0) = sinAp =0 | — 2 (1)
M y—1
M1 My

~ where M. 1 is the local Mach number and A, the wing leading-edge sweep. Thus 8 is readily obtainable
from the pressure distributions (again assuming that the total pressure loss through the bow shock .
wave is negligible) and hence, for any given case, can be found and compared with that measured
from the oil-flow photographs (Fig. 54). Some of the differences between the calculated and
measured values of # may be due to difficulties associated with ‘the actual measurement of 6,
particularly when the forward shock wave is so close to the leading.edge that the length of the oil-line
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between the roughness band and the shock wave is rather small.* Errors of a degree or more in local
flow direction may arise in this way. The results given in Fig. 54, however, show that the calculated
values of ‘@ become progressively too small as M, increases. This may be due to an increase in the
difference between the flow direction outside the boundary layer and that at the wing surface,
a difference which may be associated with the presence of the small spanwise pressure gradient.
In addition the approximations used to obtain Equation (1) probably become less valid due to the
increasing strength of the bow shock wave. It is felt, however, that the results shown in Fig. 54
enable one to assume that simple sweep theory is approximately correct just ahead of the forward
shock wave and that the medsured value of 0 is near to the actual flow direction.

The oil-flow photographs can also be used to determine the sweep, ¢, of the forward shock wave
and, approximately, the onset of flow separation to the rear of the shock wave; ¢ (see Fig. 53) varies
along the shock wave, increasing slightly from the root towards the tip. The method used to
determine whether separation has occurred is sketched in Fig. 55, based on Maskell’s analysis®,
Usually it was not possible to define.the precise incidence at which separation first occurred because
the oil-flow photographs were available, at best, at intervals of one degree of incidence so that
successive photographs near separation often showed flows similar to Fig. 55a and 55c.

The variation of the pressure ratio across the shock wave, p,/p,, with M, and « is shown in Fig. 34,
in which the presence of separation behind the shock wave is indicated by filled symbols. There is
some uncertainty in the ratio mainly because p, is not always well defined but on the whole the
error is not likely to be large. For any given free-stream Mach number, the pressure ratio (and
hence the shock strength) increases with incidence up to a maximum which occurs near to, but not
necessarily at, the incidence at which separation first occurs. The subsequent decrease in p,/p; may
be associated with the formation of a vortex behind the shock (with a consequent reduction of the
pressure p,) but the full mechanism is not yet understood. Approximate boundaries representing the
onset of separation are shown as broken lines in Fig. 34 and it is apparent that the pressure ratio
necessary to cause separation falls with increasing Mach number at both pressure-plotting stations.

In considering the flow conditions at separation it is more appropriate to work in terms of the
local Mach number, M, ahead of the shock wave than the free-stream Mach number, M,. Fig. 56
shows the variation of the pressure ratio p,/p, with the ratio p,/H, where H is the free-stream total
pressure. As before, filled symbols are used when separation has occurred at the shock wave. In the
two-dimensional case the pressure ratio for separation of a turbulent boundary layer has been studied
extenswely and Gadd?®! gives the followmg equation for the pressure ratio necessary to cause
separation on a flat plate; -

-1 yity—1
1+Y - M2

(3)... - = | @
Plo 1140647

An alternative equation, due to Beastall and Eggink??, is

c (B e, - ©)
Pl sep

Both curves are shown in Fig. 56, the difference between them being comparatively small when M, < 2.

* Fortunately the pressure gradlent along the flow direction is small (see Fig. 49) and the oil lines are only
slightly curved.
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The experimental results from the wing do not lie along either of these lines when separation has
occurred, although in many cases the pressure ratio is larger than that given by the flat-plate
equations; the shock wave is then generally ahead of 0-1 of the local chord where the relatively high
surface curvature might be expected to influence the local flow conditions. A similar effect in a two-
dimensional experiment was reported by Holder and Cash?® who measured high pressure ratios
across the shock wave when it was close to the leading edge.

It should be noted, however, that the conditions close to sepafation have been carefully surveyed
in the case of the two-dimensional flat plate, whereas in the present investigation only comparatively
crude measurements of the pressures before and after the shock wave have been made. For example,
if there was a very small region of separation which was not detected due to the wide spacing of the
pressure holes the measured value of p, would actually be the pressure after reattachment and would
be too high. It is not justified, therefore, to expect too close a correlation between the present results
and the well-established expressions for the two-dimensional flat plate.

There are several other points in Fig. 56 where separation is present and the values of p,/p; are
below the flat-plate curve. The discrepancies in these cases could not be attributed to difficulties in
making measurements close to the trailing edge as was discovered by Holder and Cash; possibly they
are additional examples of loss of detail in the pressure distribution. It is likely that the value of p,
was measured below the centre of the vortex and not immediately after separation hence giving too
low a value for p,. Alternatively the effect may be a genuine one associated with the three-dimensional
flow to the rear of the shock. ' ,

The results obtained by Stalker® on sweptback steps seem to confirm the suggestion that the
Mach number component normal to the separation line is of significance. In his tests, at a stream
Mach number of 2-37, the pressure rise for separation was in good agreement with the established
two-dimensional data if the normal component of Mach number was considered. Stalker adds that
the approach can be justified theoretically by extending the method of Crocco and Probstein?s to
three dimensions. The Mach number normal to the forward shock on the present wing is M, cos
(¢— ) where ¢ is the sweep of the shock (Fig. 55); this was evaluated where possible, using the
measured values of ¢ and 0. Some of the results are shown in Fig. 57, where the measured pressure
ratio is plotted against M, cos (¢ — 6); as before, filled symbols denote the presence of flow separation.
This method of plotting seems to divide the experimental points into two groups (attached flow and
separated flow), the approximate boundary being the line

M, cos ($— ) = 1-39. G

This condition is applicable, broadly speaking, to the pressure-plotting stations at 7 = 0-4, 0.7
and 0-9, though Fig. 57 does suggest that the critical Mach number component is somewhat less
than this value at the outboard stations and slightly greater at = 0-4. The uncertainties involved
in deriving the co-ordinates of each experimental point, the comparative coarseness of the incidence
settings available, together with the scanty amount of data do not allow more than the rough
division stated above.

In two-dimensional transonic flow with a turbulent boundary layer, a well*marked separation is
usually observed when the Mach number ahead of the shock wave is greater than about 1-27;
this value being largely independent of the stream Mach number. Incipient separation may occur at a
slightly lower Mach number, between about 1-20 and 1-24. Such a value for the first occurrence of
separation seems to be too low for the sweptback shock unless there is a serious error in the values
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.. of ¢ or 8; despite the shortcomings of the present crude analysis this is not thought to be likely.
Support for this conclusion is afforded by the fact that in none of the cases examined was
M, cos (¢ 0) less than unity, this value being steadily approached as p,/p, tended to unity.

At most values of M it is possible to estimate the pressure ratio p,/p; at which M, cos (¢ — ) is
equal to 1-39. These results, given in Fig. 58, show that there is a pronounced reduction in the
critical pressure ratio with stream Mach number and also with distance outboard from the root.

The pressure ratio across the shock wave tends to decrease with increasing stream Mach number
but at the lower stream Mach numbers the pressure ratio when separation has not occurred is
fairly close to that appropriate to a normal shock wave at a Mach number of A4 cos (¢ — 8). This
curve is shown in Fig. 57 and, as might be expected, it forms an upper bound to the pressure ratio
at a given value of M, cos (¢ —0).

Although the results of Fig. 57 do suggest.a general criterion for the occurrence of separation, in
general the parameters ¢ and 8, which are essential for its application, are not likely to be known.
Fig. 59, therefore, shows the variation of the local Mach number ahead of the shock wave for a
range of incidence. Once more an approximate boundary may be drawn to enable an estimate of the
onset of separation to be made and this may be applicable to wings similar to the present one.
It is of course possible to estimate the value of M, at which separation occurs by combining
Equations (1) and (4) above and assuming some mean value for the sweep, ¢, of the shock wave;
it is also convenient to assume that ¢ is small so that cos 8 can be put equal to one. A quadratic’
equation for M, results and, for ¢ = 60 deg, the predicted separation boundary is shown in Fig. 59.
This is considerably lower than the similar boundary based on the distribution of the experimental
points. The discrepancy is attributed to the rather severe assumptions about # and ¢ which had to be
made in order to obtain a simple analytical solution.

It is suggested in Part I, that one of the main functions of the forward shock wave was to deflect
the flow already turned inboard by an angle 6 back towards the free-stream direction. The flow
deflection, 8, of 4 plane oblique shock of pressure ratio p,/p;, at a Mach number of M, can be found;
some results for conditions where there is no separation, or only iﬁcipient separation, are shown in
Fig. 60. The theoretical flow deflection is smaller than @ in every case indicating that further flow
turning is accomplished behind the shock wave, as in conical flow. This indeed is what might be
expected. : .

4.4.2. The rear shock wave. For free-stream Mach numbers of 1-24 and above the rear shock
wave is close to the trailing edge. In such cases it is difficult to make an estimate of the static pressure
behind the shock and hence of the ratio p,/p;. At lower Mach numbers; however, the more forward
position of this shock wave allows the pressure ratio across it to be determined and also the oil-flow
patterns to be used in assessing whether or not separation has taken place. This, too, is not as
straightforward as for the forward shock wave. The method used is sketched in Fig. 61. Generally,
separation occurred behind the rear shock near the wing tip at about 4 deg incidence and spread
slowly inboard with increasing incidence. At the same time however, the intersection between the
forward and rear shocks moved inboard; the vortex, which developed behind the forward shock wave
obscured the more outboard part of the rear shock wave so that the separated flow behind the latter
could no longer be distinguished. Close to the root, particularly at transonic Mach numbers, the
rear shock wave is diffuse, existing more as a compression region than as a discontinuous shock wave.
For these reasons it is only possible to obtain a limited amount of information about the rear shock wave,
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Nevertheless an analysis was made in the same way as for the forward shock wave by measuring
¢ and ¢ on the oil-flow photographs and determining M, from the pressure measurements. The
results are shown in Fig. 62. It appears that the value of the component of Mach number normal to
the shock wave, M; cos (¢ —0), appropriate for separation is somewhat less than 1-39, although
the precise value is doubtful because of the scanty data and the uncertainties in determining
M., ¢ and 0.* As in the case of the forward shock, the pressure ratio across the rear shock decreases
almost linearly as the normal component of Mach number tends to unity. The value of p,/p, at
which M, cos (¢—6) = 139 can therefore be estimated for each of the four cases considered.
The results are plotted in Fig. 38, where they are in fair agreement with those obtained for the
forward shock wave.

4.4.3. The outboard shock wave. In all cases where the outboard shock wave occurred it was
strong enough to cause separation so it was not possible to obtain any criterion for the conditions
at which separation just occurred. Using the values of ¢ and § determined from oil-flow photographs
the Mach number component normal to the shock wave was found and the results are shown in
Fig. 63. The values of M, cos (¢ — ) are all greater than 1-60 and thus do not disagree with the
criterion for separation suggested from the above analysis for the forward shock wave. The shock
pressure ratio increases with 4, cos (¢ — 0) as would be expected from two-dimensional tests!® 26
or from Stalker’s experiments with swept steps?*. The trend observed with the outboard shock wave
agrees approximately with the data obtained in these other experiments.

5. Aerodynamic  Characteristics. 5.1. From  Pressure Measurements. The normal-force
coefficient, Cy(7) per unit span, is given by

2 (Y{Pr—Pu x
& =5izs |, (45.7) 4 () ;
) yMy? J Ps 4 : ©)
and the local centre of pressure, x,,, by
gt 5222609 6
¢ “oMpCym )\ p )l (©)

where p; and py; are the pressures on the lower and upper surfaces respectively and p, is the stream
static pressure. The above integrations were carried out graphically for each of the measured pressure
distributions. The values of ¢Cy(7)/é, which is directly proportional to the spanwise loading, are
shown in Table 6. The values of ¢/¢ at the pressure-plotting stations are given in Table 7.

The normal-force coeflicient, Cy, can be obtained by spanwise integration;

CN — fl CCN(T}) dn L (7)

0 c

The spanwise position of the centre of pressure, 7,,, was also obtained;

_ 1 ¢Cr(n)
L Nep = fo iy ndn. )]

~ *This last quantity in particular is influenced by the transverse pressure gradient in the region behind
the forward shock (and ahead of the rear shock), which is larger than ahead of the forward shock.
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The pitching-moment coefficient, C,,, was based on the mean aerodynamic chord with the moment
axis taken through the quarter-chord point ' ‘

LeCy(m) M(Antan Ay x,,¢) € An¥tanAy ¢ 1
= — Xep O € _ AN 1D € 2 9
Con jo ¢ D 2 + AN 2 c# 4:| dy ©)
where, for a straight tapered wing
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In the present tests the taper ratio, A, was ¥ so that
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The integrations were again carried out graphically. The distance of the centre of pressure from

the moment axis was then calculated .

xcp* 1 _ Cm
R Sree (18)

The values of Cy, C,, and the co-ordinates of the centre of pressure are given in Table 6.

5.1.1. Spanwise Loading. 'The variation with incidence of the normal-force coefficient at each of
the four pressure-plotting stations is shown in the various parts of Fig. 64 for five stream Mach
numbers. The curves are unremarkable at the inboard stations but those for y = 0-7 and 0-9 have
a characteristic shape which varies with Mach number. At subsonic speeds the local normal force
per unit width increases linearly with incidence until the effect of the vortex is felt, after which it
increases more rapidly as a result or the low pressures developed under the vortex. A peak is reached,
corresponding to the maximum proximity of the vortex to the station and then Cy(7) falls to a nearly
constant value when the vortex is entirely inboard of the station, the flow at the station being
completely separated. The variation with Mach number of the ¢Cx(n)/¢ at these high incidences is
shown in Fig. 65 for the cases in which a reasonably stationary value had been reached. This
ultimate value appears to increase slightly with Mach number in the subsonic and transonic ranges
and to -decrease again by M, = 1-41.
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The normal-force increment due to the vortex appears to increase with Mach number at subsonic
speeds and the peak normal force occurs at a lower incidence; this effect however is mainly due to
the increase of dCy/dx with Mach number. Fig. 66 shows that the variation of cCp(0-9)/¢ with
C'y is almost identical at stream Mach numbers of 0-6 and 0-9. At supersonic stream Mach numbers
the increment of normal force due to the vortex decreases with increase of Mach number; the variation
at M, = 1-41 is shown to illustrate this.

The normal-force curves at n = 0-4 show the same general trends as those for thé more outboard
stations but the incidence range of the present tests is only sufficient for the increase due to the
vortex to be shown. A peak normal-force coefficient is not reached. At v = 0-1 the vortex effect is
hardly felt and the normal-force curves are very nearly straight at all Mach numbers.

At supersonic speeds the normal-force curves tend to be more nearly straight than at lower speeds.
The importance of the vortex decreases with increase of Mach number and the only phenomenon
which affects the normal force at M, = 1-41 to any great extent is the breakdown of attached flow
which spreads inboard from the tip. The effect is shown, for example, in Fig. 64e where the
normal-force coefficient at the outboard stations for M, = 1-41 falls rapidly between the
measurements at incidences of 12 deg and 13 deg.*

The distributions of loading across the span are shown in the various parts of Fig. 67. These
spanwise distributions, though based on only four points, are thought to be quite close to the actual
distributions. At subsonic speeds the inboard movement of the vortex with increase of incidence
can be seen from the movement of the ‘bulge’ in the loading curves; this is less significant at
supersonic speeds and is due to a leading-edge separation only at o = 14 deg for M, = 1-41.
An illuminating method of studying the loading increment due to the vortex is shown in Fig. 68
where the spanwise variation of

C,VF'U) B (EJCN(n)) (19)

o du
is shown at several incidences. At incidences of 4 deg and less this expression is substantially zero.
Between 4 deg and 7 deg the increment is almost entirely positive, but at higher incidences there is a
growing region near the tip in which the increment is negative. It is clear that at o = 14 deg where
there is a large outboard region for which the quantity (19) is negative, the overall value of wing
Cy must be close to (dCy/dx)yx for the complete wing.

The shape of the loading curves at low incidences, where the flow is completely attached, changes
with Mach number as shown in Fig. 69. At M, = 0-6 the spanwise loading distribution is closest to
the elliptic loading curve over the outer part of the wing, but with a dip near the root. With increase
of Mach number up to 1-24 the loading tends to become more uniform; above this Mach number
the tendency is reversed. This would be expected since at very high Mach numbers the loading
would be roughly proportional to the local chord.

5.1.2. The overall normal force. 'The variation of the normal-force coefficient with incidence and
Mach number is shown in Fig. 70. At each incidence Cy increases slowly with Mach number up
to a maximum at some Mach number a little greater than 1-0 and then falls somewhat more rapidly.
The slope of the normal-force curve at zero incidence is shown in Fig. 71.

At any particular Mach number the variation with incidence is very nearly linear but sometimes
non-linearities are distinguishable, notably that due to the effect of the vortex at subsonic speeds

* More specifically, there is an almost discontinuous change at « = 12-3 deg.
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and that due to the tip separation at My = 1-41. The effect of the vortex at My = 0-60 is shown in
Fig. 72. Assuming that in the absence of separation the normal force would increase linearly, the
increment in C, becomes significant when the incidence is greater than 6 deg and reaches a
maximum of about 0-05 at an incidence of about 12 deg. This effect is of about the same magnitude
at Mach numbers up to 0-90 but at higher Mach numbers it becomes progressively smaller and the
normal-force curves tend to be straighter.

The variation of the spanwise position of the centre of pressure is shown in Fig. 73. At Mach
numbers less than about 125 the centre of pressure moves outboard as the incidence is increased
above about 4 deg due to the increased lift near the tip induced by the vortex. This trend is reversed
at an incidence of about 6 deg and with further increase of incidence it moves rapidly inboard.
Again, this movement is easily correlated with the inboard movement of the area of increased lift
induced by the vortex. At My = 1-41, however, there is little spanwise variation in the wing centre
of pressure as the incidence is increased until the inboard movement of the tip separation between
a = 12 deg and 14 deg. The centre of pressure then moves rapidly inboard.

At all incidences there is an outboard movement of the centre of pressure with increase of Mach
number through the transonic range. This is due to the change in the spanwise loading distribution

as shown in Fig. 69.

5.1.3. The pitching moment. The variation of the pitching-moment coefficient about an axis
through the quarter-chord point of the mean aerodynamic chord is shown in Fig. 74. At low
incidences the variation with C) is approximately linear at all Mach numbers but at subsonic speeds
C,, begins to decrease more rapidly at a value of Cy of about 0-4. This is due to the nose-down
moment caused by the extra lift due to the vortex when it is near the tip, the tip region behind
entirely downstream of the moment axis. With further increase of incidence C,, continues to decrease
until Cy is about 0-55 where it has a fairly sharp minimum before increasing rapidly. This is due to
the fairly rapid inboard movement of the vortex which corresponds also to a rapid forward movement
because of the sweepback. As the Mach number is increased the kink at Cy == 0-4 tends to become
smoothed out until at M, = 1-10 the pitching moment decreases almost linearly as far as the
minimum. In the range of Mach number from 1-10 to 1-24 where leading-edge separation is
delayed until progressively higher incidence the minimum is less clearly defined than at subsonic
- speeds. At M, = 1-41, however, it is extremely sharp, corresponding to a very sudden nose-up

pitching instability. :

The variation of — 9C,,[9Cy at zero incidence is shown in Fig. 75. This is equivalent to the
distance of the aerodynamic centre behind the pitching axis. It is not much affected by Mach
number except in the range between 0-85 and 1-10 where it moves rearward from its low-speed
position of about 0-30 chord almost to its supersonic position of about 0-45 chord.

The variation of the chordwise position of the wing centre of pressure is shown in Fig. 76. At
Mach numbers less than about 1-25 it remains stationary at first as the incidence is increased from
zero, moves rearward in a small range of incidence between about 6 deg and 9 deg, and then moves
rapidly forward. The extent of the movement decreases as the Mach number is increased between
0-85 and 1-25. At M, = 1-41 there is no appreciable movement of the centre of pressure until

- the incidence is high enough for the breakdown of flow at the tip (z.e., 14 deg). The tendency for
the flow pattern to develop more rapidly with incidence as the Mach number is increased is shown
by the crossing of the curves for incidences of 8 deg and 10 deg.
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5.1.4. The centre of pressure. The complete movement (chordwise and spanwise) of the wing
centre of pressure with increasing incidence is shown in Fig. 77. At all subsoni¢ and transonic
Mach numbers the locus has the same general shape. Although there is a general rearward movement
of the locus as the Mach number is increased the amount of movement with incidence doss not
change appreciably at subsonic speeds. It increases slightly as M, is increased until M, becomes
greater than 1-00. It then decreases until at M, = 1-41 there is no measurable movement until the
incidence is increased above 12 deg. The characteristic shape at subsonic speeds is easily related to
the growth and movement of the vortex. At low incidences the vortex occurs at the tip which,
since it is entirely rearward and outboard of the centre of pressure, produces a rearward and -
outboard movement of the centre of pressure with increase of incidence. As the vortex grows and
spreads inboard, the rearward movement continues but the outboard movement changes to a
steady inboard movement. As the vortex crosses the position of the centre of pressure, the rearward
movement ceases fairly abruptly and the centre of pressure moves rapidly forward. When the ‘eye’
of the vortex approaches the dpex of the wing, the forward movement is much reduced but the inboard
movement continues due to the further growth of the vortex, now entirely inboard of the centre of
pressure but with its effects fairly evenly distributed fore and aft of the pitching axis.

5.1.5. Pressure drag. The pressure drag per unit span was obtained at zero incidence over the
entire range of Mach number by graphical integration for each of the pressure-plotting stations.
The results are shown in Fig. 78, where the pressure-drag coefficient per unit span is designated
by Cp ().

At subsonic speeds there is a small thrust at the outboard stations but the comparatively large
drag near the root is sufficient to produce an overall drag force. Between M, = 0-95 and 1:00
(1-04 at = 0-9) the thrust increases significantly at the two outboard stations, in spite of the fact
that in this Mach number range shock waves are developing near the tip. It is evident that the extra
drag is borne by the more inboard part of the wing. With further increase of Mach number the
drag increases rapidly up to a maximum at some Mach number between 105 and 1-15, depending
on the value of #. There is only a limited amount of data at higher Mach numbers but it appears
that, at all except the outermost station, there is a minimum at some Mach number about 1-25.

. 'The pressure drags per unit span were integrated across the span to give the total pressure drag
(Fig. 79).* There appears to be a small but steady increase in drag as the Mach number is increased
at subcritical Mach numbers (say M, < 0-9), a rapid increase between Mach numbers of 1-0
and 1-15, a minimum at M;==1-25} and a further increase. It should be noted that the scale in
Fig. 79 is extremely large in view of the uncertainties introduced by the limited data available.

5.2. From Strain-Gauge Balance Measurements. 'Thelift, drag, pitching moment and root bending
moment were measured at subsonic and transonic speeds with a wall-mounted strain-gauge balance.
The results are shown in Table 8. As was mentioned earlier a small gap existed at the wing root
between the wing surface and the tunnel side-wall to allow for the deflection of the balance under

* Buch a procedure is not completely satisfactory due to uncertainties in the shape of the drag distribution
near the wing tip and root. These are likely to cause most errors in the overall level of Cpy p for the wing;
the variation with stream Mach number should be more consistent.

1 This dip may well be a result of shock reflection effects which were largely unknown when the experiment
was carried out.
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"load, so that almost certainly there was a small amount of air flow into the balance chamber from
the lower surface and a similar outflow on to the upper surface, There would be a tendency, there-
fore, for the normal force on the sections close to the root to be reduced. This would result in a
reduction in the total lift, a negativ-e tendency in the pitching moment and an outboard and rearward
movement of the centre of pressure, all considered relative to the conditions in the absence of a
gap. However, these effects are thought to be small and are not expected to alter the trends of the
results. Except for the drag the balance results will only be briefly discussed because they
contribute little extra information to that obtained by integrating the pressure distributions. The
total drag cannot be determined from the pressure distributions because the skin-friction drag is
not known.

The variation of the lift coefficient with incidence and Mach number is shown in Fig. 80. This is
identical in form to Fig. 70 which showed the variation of the normal-force coefficient as obtained
by integration of the pressure distributions. The same general remarks apply. A direct comparison
is shown in Fig. 81. The normal force as measured by the balance is slightly less than that obtained
by integration of the pressure distributions, except at high incidence and high Mach number where
the trend is reversed. The differences between the two sets of results are not significant in view of the
possible inaccuracies in the balance measurements and the errors which could be introduced in the
integration of the pressure measurements due to the rather limited number of spanwise stations.
A comparison of the lift-curve slopes at zero incidence is shown in Fig. 82.

The variation of the drag coefficient with Mach number and incidence is shown in Fig. 83. For
clarity the drag coefficient at zero incidence is shown separately in Fig. 84. There is little variation

. with Mach number at zero incidence until the-Mach number is increased above 095 when it
rises rapidly. The curve flattens at Mach numbers greater than 1-05 reaching a maximum at
M, = 1-10. At this Mach number the drag coefficient is 0- 0156, about 0006 higher than the low- -
speed value. The variation of the pressure-drag coefficient is also shown in Fig. 84. This has the
same general shape but is more irregular. It is expected that the balance results will be more reliable
than the drag obtained by integration of the pressure distributions since the latter are critically
dependent on the limited number of measurements close to the leading edge and on the way in
which the spanwise distribution is extrapolated to the root and tip. The difference between the
two curves of Fig. 84 must in the main be attributed to surface friction.

The variation of C;, with lift coefficient shown in Fig. 83 appears to be similar at all Mach numbers
although the curves for constant Cy, do show that there are slight variations. At low incidences Cj,
increases with Mach number at constant Cy, in the transonic range as at zero incidence but at high
C;, there is a decrease in this Mach number range. At Mach numbers below 0-90 and above 1-10
there is very little variation with Mach number. It is more usual to consider the drag of a wing at
incidence as being composed of two parts, the zero-lift drag and the lift-dependent drag. In potential
flow the lift-dependent drag, AC), of a thin wing can be written in the form

, C,2
ACD= CD_CD[):KH (20)
where K is a factor which depends on the wing planform. It is unity when the spanwise loading is
elliptic. Using the above equation to define K, 7.e., ‘
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its value was calculated from the balance measurements. Its variation with Mach number and
incidence is shown in Fig. 85. At low incidences K is difficult to obtain accurately because it is very
sensitive to small inaccuracies in Cp . Nevertheless it is thought that the variation shown is fairly
close to the actual variation. It is interesting to note that at supersonic speeds K is very nearly
constant with changing incidence and approximately equal to 2-00; this is also true at M, = 1-15
and 1-20 which results are omitted from Fig. 85 for clarity.At any incidence greater than 8 deg, K is
approximately constant as the Mach number is increased up to about 0-90 after which there is a
rapid decrease to another nearly constant value at Mach numbers greater than 1-05.

An alternative method of considering the lift-dependent drag is to plot AC}, against C;2 but the
small number of results at low incidences prevents any reliable deductions being made. At high
incidence however another approach is fruitful. If the leading-edge suction effects are completely
lost, the resultant force on the wing should be normal to the chord. The lift-dependent drag is then
C, tan « or, approximately, C,«. Defining a factor K, analogous to K, by

- d(ACp)
.K = w4 [_—d( C,})J _ (22)
gives
, mA
K = 3C. o (23)

in this case. K’ was evaluated using the value of 8C,/dx at C;, = 0-7. Fair agreement was obtained
between this and the value of K’ obtained by evaluating Equation (22) directly from the balance
measurements. The comparison is shown in Fig. 86. The reasonable agreement between the two
curves suggests that the rapid fall of K with increasing Mach number, in the transonic range, is
principally due to the increase in dC7/d rather than any increase in leading-edge suction.

If ACp is plotted against Cy, tan « the condition of resultant force normal to the chord corresponds
to a straight line of unit slope. Some typical curves are given in Fig. 87. At M, = 0-70, the slope
of the experimental curve is less than this for incidences where there is attached flow over some
part of the leading edge but at greater incidences (above about 10 deg) the slope of the curve is
almost exactly unity. This condition is never quite attained at M, = 1-00 and at M, = 1-15 the
slope of the experimental curve is considerably less than unity, although it is somewhat greater than
the slope of the curve for full theoretical leading-edge suction??.

Fig. 88 shows the variation of the lift-drag ratio with Mach number and incidence. At each Mach
number there is a maximum value; the variation of this with Mach number is shown. It has an
approximately constant value of about 12-3 at Mach numbers less than 0- 80, decreases as the Mach
number is increased up to about 1-10, and finally has an almost constant value of about 8-5 at
higher Mach numbers.

The pitching-moment coeflicient is shown in Fig. 89. There are no major qualitative differences
between this Figure and Fig. 74 but there are considerable quantitative differences. These stand out
markedly in Fig. 90 which compares the chordwise position of the aerodynamic centre obtained from
the balance results with that obtained by integration of the pressure distributions. Note that
(3C,,/3C;)q is not exactly identical with (9C,,/dCy),, being related by

(acm) _ (acm) §1+ CXO
9Cr/o h dCy/, (aCL/ao‘)o
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but Cy /(3CL[dx), is smaller than 0-005 and can be justifiably neglected. The difference between
the two sets of results corresponds to a shift in aerodynamic centre of about 0-08 chord which is a
considerably larger shift than would be expected due to the leak at the wing root. From the evidence
of Fig. 90, it would appear likely that the pitching axis of the balance was not at the position assumed
in the calculations; reference to the balance fittings appear to rule out this explanation. On the other
hand it is unlikely that the aerodynamic-centre position calculated from the pressure distributions
is in error by so large an amount as 0-08 chord, particularly since the position at subsonic speeds
appears to be so reasonable. After due consideration it was concluded that the balance measurements
of C,, should be regarded as less reliable than those obtained from integrating the surface pressure
distribution.*

The spanwise position of the centre of pressure as determined by the balance is in reasonable
agreement with the position determined from the pressure distribution but the scatter in the results
is somewhat greater. On the average the position obtained with the balance is about 0-01 of the
semi-span further outboard, but the variation with Mach number or incidence is not significantly
different.

6. Comparison with Theory. The theoretical prediction of the pressure distribution on a swept-
back wing at subcritical Mach numbers has been extensively studied. Multhopp?®® has developed a
‘workable method of solving the downwash equation in lifting-surface theory and some calculations
based on his method were done on the present planform; seven spanwise and two chordwise terms
were used.t The theory gave results about 7 per cent higher than the experimental values of
(0C[0a)y at My, = 0-6 and 0-8. However, since the experimental values are thought to be about
5 per cent lower due to tunnel-wall interference the agreement between theory and experiment
appears to be very satisfactory. ‘ :

The values of the local lift coefficient and the chordwise position of the local centre of pressure
for the spanwise stations used in the calculations are given in Table 9. These values are compared
with the measured values at M, = 0-6 in Fig. 91; a similar comparison at M, = 0-8 produces
almost identical results. The spanwise loading agrees quite well with the theoretical prediction
although there is a tendency for the theory to overestimate at the root and underestimate around
7 = 0-7. The spanwise variation of local aerodynamic centre is also quite satisfactorily predicted
by the theory, though the latter indicates larger changes than were observed.

The chordwise loadings at each of the four pressure-plotting stations, n = 0-1, 0-4, 0-7 and 0-9,
were calculated and these are compared with the measured distributions at My = 0-6 in Fig. 92.
The agreement is good in the centre of the span but tends to fall off at the innermost and outermost
stations. At = 0-1 the theoretical loading is somewhat greater than that found in the experiments
while at y = 0-9 the theory underestimates the loading. In particular the predicted region of negative
loading near the trailing edge was not found in the experiments. The discrepancies are consistent
with previous comparisons between this type of theory and measured values and, although some
improvement would probably be obtained by using more spanwise and chordwise terms, very good
égreement is unlikely because of viscous effects.

* No satisfactory explanation for the discrepancies between the two sets of .results has been found.
Subsequent tests on a wing having a different planform gave good agreement for a similar comparison; the
balance had then been modified slightly since the Warren 12 tests.

+ The calculations were done by Mrs. S. M. Lucas under the direction of Mr. H. C. Garner, both of the
Aerodynamics Division, N.P.1L.
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Another method of calculating the pressure distribution of a sweptback wing has been developed
by Kichemann?® and Weber®. Cook?®! has used their formulae to calculate the pressure distribution
on the present wing at M, = 0-60 and 0-85. There is a fair measure of agreement at both Mach
numbers when the flow is attached to the upper surface. Details are given in Ref. 31.

At present it is not possible to make a reliable theoretical estimate at supercritical, subsonic Mach
numbers. At sonic speed, however, Mangler3? has developed a reasonably satisfactory method of
estimating the complete loading distribution. For the purposes of calculation the wing surface is
divided into three parts by the Mach lines from the root trailing edge and the tip leading edge as
shown in Fig. 93. There is assumed to be no loading downstream of the latter Mach line, ¢.e., in
region III. In region I, ahead of the Mach line from the root trailing edge the flow is assumed to be
conical. The chordwise loadings at the four pressure-plotting stations were calculated* and they are
compared with the experimental values in Fig. 94. There is good agreement between theory and
expériment at the inboard stations but there are quite large discrepancies further outboard. Part of
this lack of agreement is due to the difference in the position of the actual disturbance from the
- root trailing edge from the assumed one. For example, at n = 0-70 the ‘shock wave’ at 0-55 chord
corresponds to the kink in the theoretical curve at 0-20 chord. The assumption of zero loading in the
region near the tip trailing edge appears to be realistic. ,

The predicted spanwise loadings at three incidences are compared with the experimental curves
in Fig. 95. Agreement is better than might have been expected from the comparison of the pressure
distributions. The theoretical estimates predict higher loading near the root and lower loading near
the tip than is found in the experiments but these discrepancies would approximately cancel out in
the determination of the overall lift.

Detailed pressure distributions have not been calculated at supersonic speeds. However, the
theoretical value of (3C;/dx), is easily obtainable from the set of curves compiled by Stanbrook?
and the values appropriate to the present planform are compared with the experimental results in
Fig. 71. The difference between the curves is in agreement with Stanbrook’s conclusion that the
linear theory slightly overestimates (3C},/9),. ’ i

7. Concluding Remarks. 'The present Report sets out in some detail the principal results obtained
from wind-tunnel tests on a simple sweptback wing at stream Mach numbers between 0-6 and 1-6.
In this Mach number range is found a wide variation in the flow pattern about the wing, a variation
which necessarily has an effect on both the local and overall forces and moments imposed upon the
wing. The chief feature of the flow at subsonic stream speeds is the appearance of the part-span
vortex formed from the leading-edge separation. At transonic speeds, flow attachment may occur
around the leading edge, and a complex shock-wave pattern may be present upon the wing surface.
It is particularly important that the difficulties likely to be encountered in high-speed wing flows
should be examined and ultimately understood; the present text is intended as a contribution
towards a general understanding, though in many respects (shock-wave and bouﬁdary-layer
interaction for example) its conclusions must be regarded as tentative. Subsequent experiments
have been made to extend further the present knowledge and some of these have been reported
upon separately34 %,

# These calculations were done under the direction of Dr. R. C. Lock.
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NOTATION
Wing span -
Local chord
Mean chord
Mean aerodynamic chord
Static pressure
Static pressure ahead of shock wave
Static pressure behind shock wave
Static pressure on upper surface
Static pressure on lower surface
Static pressure increment due to vortex
Chordwise co-ordinate
Co-ordinate of local centre of pressure (measured from leading edge)
Co-ordinate of centre of pressure (measured along c¥)
Spanwise co-ordinate
Aspect ratio
Drag coefficient
Cp — Cpo
Pressure-drag coefficient
Pressure-drag coefficient per unit span
Lift coefficient
Lift coeflicient per unit span

Pitching-moment coeflicient about an axis through the quarter-chord point of
the mean aerodynamic chord

Normal-force coefficient
Normal-force coeflicient per unit span
Pressure coefficient

Axial-force coeflicient

Axial-force coefficient per unit span

66



NOTATION—continued

H Stagnation pressure
K = mAACp/Cy?; lift-dependent drag factor
K" = wAd(ACp)/d(C.?); modified lift-dependent drag factor
M * Mach number \
M, Free-stream Mach number |
M, Local Mach number or Mach number immediatély ahead c;f shock wave
R Reynolds number
o Incidence
y Ratio of the specific hc;,ats
A Taper ratio
A Sweepback angle
A Sweepback angle of leading edge
Ay Sweepback angle of trailing edge
n = 2y[b; fraction of semi-span
7* = on mean aerodynamic chord
Nep Spanwise position of centre of pressure
o] Sweepback of shock-wave trace on surface
0 Inclination of streamline to the free-stream direction.

The suffix 0 refers to zero incidence (except for M, and Ay).
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TABLE 1
Details of the Wing

Aspect ratio (complete wing A | 24/2=2-828...
Taper ratio A E=0-333...
. A2
Leading-edge sweepback Ay | tant |1+ )= 53+5 deg
- 42
Trailing-edge sweepback Ay | tant |1 — =)= 32-9 deg
Section along stream — | 6 per cent thick RAE 1027
Position of maximum thickness — | 35-6per cent chord (streamwise)
Planform area (half-wing) — | 40-23 sq in.
Mean aerodynamic chord c* | 5-78 in.
Blockage ratio
_ Maximum model cross-section . 0-5 per cent appro
" Tunnel cross-section at transonic speeds pe PPIOX.
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TABLE 2

Positions of the Pressure Holes; shown as Fractions
of the Local Chord (Streamwise)

Upper Surface

[
—
<o
N
o
1
o
O

'
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cocoooooooooooo | oo | oo

== R === R === ===
N
%o
Dooco | ocoocooooocooco | o oo

cooocooococooooooo | o oo

Lower Surface

M
0-1 0-4 0-7 0-9
xlc

0-01 0 0 0 0
0-10 0 0 0 0
0-22 0 0 0 0
0-36 0 0 0 0
0-48 0 0 0 0
0-60 0 0 0 0
0-72 0 0 0 0
0-80 0 0 0 0
0-88 0 0 0 0
0-93 0 0 0 —
0-95 0 0 0 0

N.B. 0 denotes presence of hole at specified station.
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TABLE 3

Particulars of Working Sections of N.P.L. 18 in. x 14 in. Wind Tunnel

Working-section
Mach number “dimensions Nature of liners AM
range (inches)
0-60 to 1:20 17 x 14 Slotted, flat +0-002 at subsonic speeds
: rising to +0-015 near M, =
"~ 1-20 (Ref. 8)
1-24 21:5 x 14 Combination of one flat solid | +0-015
- . liner and one 1-41 profile | -
liner*
1-41 21:6 x 14 Solid, shaped +0-006
1-60 21-5 x 14 Solid, shaped +0-008

# This combination of liners ‘was used as a temporary measure to obtain a Mach number somewhat above
the maximum of the slotted walls. The flow direction and velocity fortunately proved to be comparatively

uniform in the region of the model.

TABLE 4
Test Reynolds Numbers, based on Mean Aerodynamic Chord of the
Wing )
M, 0-6 1-0 1-24 1-41 1:60
R x 10-¢ 1-79 2-34 2-40 237 2:29
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TABLE 5
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N.B. 0 denotes data obtained for these flow conditions.
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TABLE 6

Aerodynamic Characteristics obtained by Integration of the Pressure Distributions

Cxlnele o

M o CN Cm ;@ % i - Nep
p=01]|9=04]|9=07]| =09

0-60 2 0-126 0-122 0:108 0-065 0-109 —-0-0022 0-020 0-058

4 0-223 0-221 0-196 . 0-124 0-194 —0-0076 0-039 0-053

6 0-343 0-340 0-289 0-211 0-296 —0-0121 0-041 0-053

;8 0-444 0-462 0-411 0-359 0-416 —0-0266 0-064 0-030

10 0-615 0-686 0-674 0-264 0-577 —0-0634 0-110 0-051

12 0-729 0-803 0-640 0-244 0-632 —0:0399 0-063 0-071

14 0-890 1-002 0-645 0-266 0-736 —0-0280 0-038 0-088

0-70 2 0-122 0:116 0-107 0-068 0-103 —0-0045 0-044 0-054

4 0-230 0-233 0-199 0-136 0-200 —0-0092 0-046 0-050

6 0-357 0-355 0-309 0-210 0-308 —-0-0179 0-058 0054

8 0-493 0-506 0-498 0-276 - 0446 —0-0451 0-101 0-045

10 0-639 0-705 0-609 0:242 0-571 —0-0548 0:096 0-065

12 0-762 0-839 0-616 0-246 0-648 —0-0376 0-058 0-079

14 0-915 1-093 0-666 0-268 0-777 —0-0373 0-048 0-088

0-80 2 0-133 0-114 0-112 0-071 0-109 —0-0056 0-052 0-054

4 0-247 0-248 0-212 0-137 0-214 —0-0098 0-046 0-054

6 0-366 0-373 0-313 0-245 0-326 —0-0192 0-059 0-044

8 0-517 0-536 0-448 0-304 0-464 —0-0292 0-063 0-047

10 0-653 0-682 0-629 0-240 0-570 —0-0649 0-114 0-064

12 0-770 0-826 0-588 0-267 0-644 —0-0399 0-062 0-081

14 0-951 1-150 0-608 0-265 0-787 —0-0315 0-040 0-101

0-85 2 0-119 0-121 0-112 0-072 0-108 —0-0046 0-043 0-053

4 0-248 0-259 0-213 0-149 0-219 —0-0096 0-044 0-055

5 0-310 0-324 0-267 0-196 0-280 —0-0112 0-040 0-044

6 0-373 0-407 0-326 0-254 0-345 —0-0158 0-046 0-052

7 0-445 0-472 0-404 0-335 0-421 —0-0252 0-060 0-034

8 0-524 0-547 0-487 0-326 0-475 —0-0394 0-083 0:-042

9 0:586 0-635 0:620 0-287 0-547 —0-0635 0-116 0-049

10 0-666 0-717 0-675 0-268 0-603 —0-0742 0-123 0-066

12 0-790 0-858 0600 0-269 0-664 —0-:0338 0-051 0-092

14 0-917 1-156 0-586 0-284 0-770 —0-0370 0-048 0-105
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TABLE 6—continued

Ctaele L.
cp 1
M o C‘N Cm o* Y 3 Yep
=01} 9=04| =07 | =09

0-90 2 0-128 0-132 0-108 0-071 0-113 —0-0052 0-046 0-063
4 0-250 0-262 0-230 0-153 0-225 —0-0148 0-066 0-050

5 0-315 0-332 0-284 0-219 0:293 | —0:0126 0-043 0-040

6 0-381 | 0-387 0-334 0-310 0-351 —0-0253 0-072 {. 0-033

7 0-466 0-491 0-435 0-358 0-437 —0-0367 0-084 0-034

8 0-542 0-555 0-571 0-285 0-499 —0:0613 0-123 0-046

9 0-611 0-637 0-682 0-293 0-567 —0-0845 0-149 0-049

10 0-685 0-746 0-669 0-272 0-610 —0-0841 0-138 0-068

12 0-821 0-899 0-594 0-261 0-672 —0-0491 0-073 0-091

14 0-957 1-137 0-597 0-278 0-785 —0-0424 | - 0-054 0-100

0-95 2 0-127 0-132 0-117 0-077 0-116 —0-0081 0-070 0-049
3 0-195 0-214 0-180 0-117 0-180 -0-0124 0-069 0-048

4 0-266 0-279 0-235 0-161 0-243 —0:0136 0-056 0-051

5 0-349 0-366 0-305 0-245 0-319 -0-0213 0-067 0-045

6 .0-409 0-424 0-373 0-328 0-383 —0-0341 0-089 0-029

7 0-481 0-495 0-444 0-331 0-440 —0-0449 0-102 0-037

8 0-548 0-564 0-583 0-303 0-517 -0-0630 0-122 0-040

9 0-610 0-652 0-658 0-285 0-571 —0-0834 0-146 0-045

10 0-688 " 0-743 0-681 0-283 0-620 —0-0894 0-144 0-059

12 0-836 0-919 0-639 0-274 0-703 —0-0674 0-096 0:081

14 0-950 1-149. 0-580 0-300 0788 —0-0504 0-064 0-090
1-00. | 1 0-069 0-081 0-062 0-043 0-064 —0-0062 0-097 0-053
2 0-133 0-142 0-133 0-088 0-125 —0-0125 0-100 0-041

3 0-207 0-225 0-201 0-143 0-197 —0-0207 0-105 0-035

4 0-275 0-291 0-262 0-182 0-253 —0-0306 0-121 0-041

5 0-335 0-382 0-332 0-285 0-032

6 0-406 0-444 0-399 0-360 0-398 —0-0549 0-138 0-020

7| 0-477 0-509 0-514 0-342 0-460 —0-0735 0-160 0-028

8 0-551 0-568 0-621 0-314 0-517 —0-0977 0-189 0-032

9 0-611 0642 0-669 0-303 0-564 —0-1094 0-194 0-040

10 0687 0760 0-671 0-298 0-627 —0-0978 0-156 0-063

i1 0-770 0-850 0-679 0-299 0-674 —0-0917 0-136 0-068

12 0-844 1:002 0-674 0-288 0-738 0-079

13 0-896 1-029 0-671 0-307 0-761 —0-0853 0-112 0-082

14 0-960 1-101 0-667 0-315 0-797 —0-0805 -0-101 0-091
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TABLE 6—continued

Caln)elc p
M o C . C o _r=

N m % 1 B Nep

n=01]|9=04] =07 | =09
1-05 1 0-060 0-069 0-071 0-047 “0-062 —0-0104 0-167 0-025
2 0-132 0-140 0-135 0-100 0-128 —0:0179 0-140 0-032
3 0-195 0-215 0-212 0-161 0-186 —0-0350 0-188 0-022
4 0-256 0-285 0-280 0-226 0-262 —0-0390 0-149 0-024
5 0-333 0-364 0-347 0-286 0-334 —0:0477 0-143 0-024
6 0-400 0-431 0-416 0-377 0-403 —0-0609 0-151 0-017
7 0-474 0-498 0-484 0-392 0-467 —0-0677 0-145 0-024

8 0-535 0-558 0-646 0-345
9 0-603 0635 0-665 0-343 0-572 —0-1087 0-190 0-044
10 0-681 0-722 0-713 0-341 0-628 —-0-1143 0-182 0-053
11 0-749 0-824 0-706 -0-338 0-632 —0-1016 0-149 0-062
12 0-822 0-917 0-704 0-331 0-079
13 0-891 1:099 0-711 0:.327 0-791 —0-1029 0-130 0-076
14 0-961 1-111 0-727 0-335 0-814 —0-1026 0-126 0-080
1-10 1 0-056 0:073 0-066 0-053 0-063 —0-0096 0-153 0-022
2. 0119 0-145 0:-142 0-109 0-129 —0-0229 0-178 0-015
3 0-181 0-217 0-215 0-163 0-193 —0-0318 0-165 0-016
4 0-257 0-286 0-281 0-223 0-258 —0-0452 0-175 0-026
5 0-328 0-362 0-355 0-287 0-330 —0-0567 0-172 0-021
6 0-385 0-420 0-425 0-373 0-390 —0-0752 0-193 0-012
7 0-453 0-493 0-492 | 0-414 0-461 —0-0787 0-171 0-015
8 0-513 0-556 0-600 0-355 0-512 —0-1018 0-199 0:-022
9 0-581 0-634 0-651 0-350 0-559 —0-1157 0-207 0:035
10 0-654 0-699 0-674 0-353 0-603 —0-1199 0-199 0-037
11 0-718 | . 0-791 0-711 0-356 0-657 —0-1235 0-188 0-060
12 0-79%4 0-913 0-723 0-356 0-715 —0-1180 0-165 0-067
13 0-846 1-025 0-714 0-359 0-771 —0-1117 0-145 0-074
14 0-924 1-073 0-732 0-365 0-807 —0-1122 0-139 0-077
1-15 1 0-060 0-066 0-069 0-056 0-062 —0-0113 0-181 0-020
2 0-113 0-136 0-128 0-112 0-120 —0-0221 0-184 .0-005
3 0-191 0-209 0-198 0-169 0-187 —0-0358 0-191 0-019
4 0-260 0-268 0-265 0-226 0-248 —0-0465 0-188 0-029
51 0-313 0-347 0-339 0-293 0-316 —0-0603 0-191 0-011
6 0-366 0-408 0-405 0-361 0-377 —0-0720 0-191 0-007
7 0-423 0-471 0-482 0-407 0-437 —0-0857 0-196 0-012
8 0-490 0-549 0-556 0-425 0-500 —0-0995 0-199 0-016
9 0-559 0-622 0-656 0-374 0-557 —0-1186 0-213 0-030
10 0-632 0-678 0-669 0-366 0-591 . ' 0-039
11 0-693 0-764 0-691 0-362 0-646 —0-1169 0-181 0-056
12 0-756 0-850 0-707 0-371 0-685 —0-1247 0-182 0-064
13 0-816 ' 0-924 0-717 0-373 0-734 —0-1203 0-164 0-065
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TABLE 6—continued

Cxln)efc

xcp* .
M o Cy Cn} oF T 2~ Yep
p=01|9p=04 | 9p=07 | =09
1-20 1 0-059 0-064 0-061 0-054 0-059 —0-0100 0-170 0-019
1 2 0-115 0-130 0-131 0-100 0-119 —0-0317 0-267 0-016
3 0-174 0-203 0-201 0-157 - 0-180 —0-0347 0-193 0-015
4 0-227 0-264 0-257 0-208 - 0-240 —0-0408 0-170 0-013
5 0-294 0-336 0-331 0-268 0-307 —0-0555 0-181 0-008
6 0-350 0-405 0-399 0-338 ‘ 0-375 —0-0674 0-180 0-001
7 0-415 0-477 0-471 0-384 0-437 —0-0835 0-191 0-006
8 0-478 0-538 0-552 0-426 0-497 —0-1038 0-209 0:007
1:24 2 0-115 0-131 0-127 0-106 0-120 —0-0202 0-168 0:-012
3 0-171 0-204 0-195 0:162 0-184 —0-0324 0-176 -0-007
4 0-231 0-266 0-261 0-220 0-246 —0-0433 0-176 0-006
5 0-290 0-330 0-333 0-288 0-310 —0-0577 0-186 0004
6 0-356 0-393 0-398 0-333 0-370 —0-0701 0-190 0-007
7 0-418 0-459 0-478 0-383 0-432 .| —0-0896 0-208 0-011
8 0-475 0-529 0-529 0-378 0-477 —0-0990 0-208 0-026
9 0-544 0-595 0-524 0-340 0-507 —0-0969 0-191 0-046
10 0-599 0-755 0-544 0-317 0-575 —0-0991 0-172 0-061
1-41 2 0-104 0-113 0-112 0-081 0-102 —0-0213 0208 0-026
4 0-207 0-231 0-220 0-173 0-206 —0-0422 | . 0-204 0-023
6 0-310 0-344 0-325 0-261 0-308 —0-0646 0:210 0:022
7 0-368 0-418 0-382 0-295 0-368 —0-0728 0-198 0-025
8 0-419 0-463 0-437 0-329 0-415 —0-0846 0-204 0-025
9 0-479 0-524 0-487 0358 0-467 —'0'0942 0-202 0-028
10 0-532 0-583 0-536 0-384 0-517 j-0'1026 0-199 0-030
11 0-592 0-652 0-583 0-418 0:570 —0-1125 0-197 0-032
12 0-642 0-711 0:622 0-444 0:616 || —0-1208 0-196 0-034
13 0-713 0-782 0-550 0-343 0-613 -0-1014 0-166 0-068
14 0-755 0794 0-514 0:332 0-615 —0-0899 0-146 0-080
1-60 2 0-098 0-106 0-096 0:-074 - 0-093 —0-0186 0-201 0-034
4 0-201 0-211 0-190 0-146 0-187 —0-0384 0-205 0-037
6 0-296 0-315 0-285 0-214 0.277 —0-0567 0-204 0-036
7 0-344 0-362 0-326 0-245 0-320 | —0-0652 0-204 0-038
8 0-388 0:-410 0-366 0-277 0-362 —-0:0721 0-199 0-037
9 0-433 0-463 0-404 0-313 0406 —0'0797 0-196 0-036
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TABLE 7

Ratio of Local Chord to Mean Chord

7 . 0-1 0-4 0-7 0-9
cle 1-4 1-1 0-8 0:6
TABLE 8§
Aerodynamic Characteristic obtained from Strain-Gauge Balance Measurements
i
Xep®
M |« Cy Cx Cr, Cp LD Cn R e
0-70 0 0-013 +0-009 0-013 0-00938" 1-35 —0-001 — —_
2 0-098 | +0-007 0-098 0-01087 9-01 —0-013 0-133 0-042
4 0-196 | +0-002 0-196 0-0160 12-25 —0-025 0-128 0-052
6 0-306 | —0-003 0-305 0-0282 10-82 | —0-038 0-124 0-035
7 0-362 | —0-006 0-360 0-0380 9-48 | —0-048 0-133 0-027
8 0-434 | —0-008 0-431 0-0529 8-14 | —0-059 0-136 0-031
9 0-491 | —0-009 0-487 0-6077 719 | —0-064 0-130 0-039
10 0-546 | —0-010 0-539 0-0850 6:35 | —0-069 0-126 0-036
11 0:-599 | —0-010 0-590 0-1040 5-65 | —0-061 0-102 0-045
12 0-643 | —0-011 0-631 0-1230 5-13 | —0-059 0-092 0-022
13 0-693 | —0-011 0-677 0-1449 4-68 | —0-056 0-081 0-062
14 0-740 | —0-011 0-721 0-1682 4-28 | —0-055 0-074 0-076
0-75 0 0-020 | +0-010 0-020 | 0-00955 2-13 | =0-001 — —

2 0-105 | +0-007 0-105 0-01108 9-45 | —0-014 0-133 0-042
4 0-206 | +0-002 0-206 0-0166 12-39 | —0-026 0-126 0-038
6 0-317 | —0-003 0-315 0-0301 10-49 | —0-040 0-126 0-071
7. 0-377 | —0-005 0-374 0-0408 9-19 | —0-050 0-133 0-015
8 0-446 | —0-007 0-442 0-0555 7:96 | —0-059 0-132 0-033
9 0-508 | —0-008 0-503 0-0717 7-01 | —0-065 0-128 0-021
10 0-571 | —0-009 0-564 0-0905 6-23 | —0-069 - 0-121 0-036
11 0-612 | —0-009 0-602 0-1082 5:56 | —0-060 0-098 0-048
12 0-655 | —0-009 0-642 0-1278 5-03 | —0-057 0-087 0-063
13 0-704 | —0-009 0-688 0-1501 4-59 | —0-059 0-084 0-075
14 0-759. | —0-010 0-739 0-1744 424 | —0-058 0-076 0-085
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TABLE 8—continued

. xc;pﬁe 1
M o CN CX C’L CD L/D Cm c* 2 % — Yep
0-80 0 0-014 +0-009 0-014 0-00942 1-52 —0-001 — —
2 0-107 +0-007 0-106 0-01116 9.52 —0-014 0-131 —0-040
4 0-208 +0-002 0-208 0-0170 12-23 ~0-027 0-130 +0-000
6 0-325 —0-003 0-324 0-0315 10-29 —0-042 0-129 *| 4+0-002
7 0-389 —0-006 0-387 0-0415 9-33 —0-053 0-136 +0-008
8 0-456 —0-006 0-452 0-0580 7-80 —0-061 0-134 0-026
-9 0-519 —0-006 0-513 0-0749 6-85 —0-066 0-127 0-033
10 0-579 —0-008 0-572 0-0923 6-19 —0-071 0-123 0-043
11 0-627 —0-009 0-617 0-1110 5-56 —0-064 0-102 0-055
12 0-657 —0-007 .0-644 01296 . 4-97 —0-058 0-088 0-067
13 0-710 —0-008 0-694 0-1523 4.55 —0-060 0085 0-079
14 0-765 —0-008 0-745 0-1769 4-21 —0-062 0-081 0-079
0-85 0 0-014 +0-010 0-014 0-00964 1-48 —0-002 — —
2 0-110 +0-008 0-110 0-01140 9-65 —0-015 0-136 —0-007
4 0-212 +0-003 0211 0-0176 11-98 —0-028 0-132 —0-001
6 0-334 | —0-002 0:332 0-0331 10-04 | —0-045 0-135 | +0-019
7 0-396 | —0:004 0-394 0-0446 8-82 | —0-056 0-141 +0-020
8 0-465 —0-004 0-461 0-0607 7:60 —0-063 0-135 0-030
9 0-520 —0-004 0-515 0-0770 6-69 —0-063 0-121 0-045
10 0-572 —0-006 0-564 0-0937 6-02 —0-064 0-112 0-050
11 0-633 —0-007 0-623 0-1139 5-47 —0-064 0-101 0-061
12 0-669 —0-006 0-656 0-1330 4-93. | —0-061 0-091 0-072
13 0-723 —0-007 0-706 0-1562 4-52 —0-065 0-090 0-083
14 0-772 —0-007 0-751 0-1787 4-21 —0-065 0-084 0-091
0-90 0 0-033 +0-009 0-033 0-00940 3-52 —0-004 — —
2 0-109 +0-008 0-109 0-01167 9-30 —0-014 0-128 0-008
4 0-215 +0-003 0-214 0-0184 11-64 —0-029 0-135 0-005
6 0-342 —0-001 0-340 0-0346 9-84 —0-050 0-146 0-015
7 0-405 —0-003 0-402 0-0466 8-63 —0-059 0-146 0-021
8 0-475 —0-004 0-471 0-0626 7-52 —0-067 0-141 0-035
9 0-530 —0-004 0-524 0-0793 6-60 —0-068 0-128 0-046
10 0-584 —0-004 0-575 0-0975 5-90 —0-068 0-116 0-059
11 0-636 —0-005 0-625 0-1169 5-35 —0-068 0-107 0-069
12 0-686 —0-005 0-672 0-1377 4-88 | —0-068 0-099 0-080
13 0-736 —0-006 0-718 0-1601 4-48 —0-070 0-095 0-085
14 0-786 —0-007 0-765 0-1839 4.16 —0-071 0-090 0-092
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TABLE 8—continued

. Tep®
M & C'N CX CL CD L/D Cm c* * T‘% ~ Nep
0-95 0 0-022 +0-010 0-022 0-01016 2:12 —0-003 — —
2 0-122 +0-008 0-122 0-01223 9-93 —0-018 0-148 0-001
4 0-232 +0-004 0-231 0-0200 11-52 —0-035 0-151 0-014
6 0-359 —0-001 0-357 0-0369 9-67 —0-058 0-162 0-019
7 0-422 —0-002 0-419 0-0491 8:53 —0-068 0-161 0-011
8 0-491 —0-002 0-486 0-0659 738 —0-079 0-161 0-030
9 0-560 —0-004 0-554 0-0841 659 —0-088 0-157 0-040
10 0-607 —0-004 0-598 0-1018 . 5-88 —(-083 0-137 0-054
11 0-658 —0-004 0-646 0-1217 5:31 —0-081 0-123 0-059
12 0-711 —0-005 0-696 0-1429 4-87 —0-082 0-115 0-066
13 0-761 —0-006 0-742 0-1654 4-49 —0-081 0-106 0-084
14 0-799 —0-008 0-777 0-1861 4-18 —0-081 0-101 0:092
0-975 | 0 0-018 | +0-01t 0-018 0-01100 1-64 —0-002 — —_—
. 2 0-123 +0-009 0-123 0-01328 9-26 —0-020 0-163 0-043
4 0-242 | 40-005 0-241 °| 0-0219 11-00 —0-041 0-169 0-027
6 0-378 +0-001 0-376 0-0405 9-28 —0-067 0-177 0-021
7 .0-441 —0-001 0-438 0-0527 8-31 —0-078 0-177 0-022
8 0-518 —0-002 0-513 0-0701 7-32 —0-089 0172 0-029
9 0-585 —0-003 0-578 0-0886 6-52 —0-098 0-168 0-037
10 0640 —0-004 0-631 0-1072 5-89 —0-096 0-150 0-068
11 0-687 —0-004 0-675 0-1272 5-31 —0-093 0-135 0-064
12 0-736 —0-005 0-721 0-1481 4.87 —0-093 0-126 0-026
13 0-789 —0-008 0-770 0-1697 4-54 —0-093 0-118 (-085
14 0-826 —0-010 0-804 0-1901 4-23 —0-091 0-110 . 0-082
1-00 .| O 0-018 +0-012 0-018 0-01190 1-50 —0-004 — —
2 0-124 | 4+0-010 0-124 0-01436 862 —0-023 0-185 +0-009
4 0-243 +0-007 0-242 0-0236 10-26 —0-045 0-185 —0-010
6 0-386 +0-002 0-388 0-0427 900 —0-075 0-194 | +0-003
7 0-449 +0-001 0-446 0-0554 8-05 —-0-085 0-189 +0-010
8 0-519 —0-001 0514 0-0709 7-26 -0-094 0-181 0-022
9 0-585 —0-002 0-579 0-0895 6-47 —0-102 0-174 0-035
10 0-649 —0-004 0-639 0-1085 5-89 —0-107 0-165 0-038
11 0-702 —0-004 0-690 0-1302 530 —0-106 0-151 0-057
12 0-754 | —0-006 0-736 0-1505 4-89 —-0-106 0-141 0-065
13 (-795 —0-010 0-777 0-1689 460, | —0-107 0-135 0-095
14 0-850 0-828 0-1933 4-28 —0-106 0-125 0-079

—0-013

(84132)
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TABLE 8—-continued

M o CN CX CL CD Cm %_ Nep
1-025| O 0-020 +0-014 0-020 0-01357 —0-004 —
2 0-130 +0-012 0-130 001637 —0-027 0-024
4 0-251 +0-009 0-250 0-0262 —0-053 0-012
6 0-392 +0-004 0-390 0-0450 —0-084 0-014
7 0-458 +0-002 0-455 0-0579 —0-094 0-015
8 0-526 —(0-000 0-521 0-0723 —0-104 0-019
9 0-591 —0-002 0-584 0-0905 —-0-110 0-033
10 0-650 | —0-003 0-641 0-1098 —0-114 0-041
11 0-714 —0-006 0-703 0-1302 —0-120 0-049
12 0-767 —0-010 0-753 0-1502 —0-119 0-061
13 0-820 —~0-013 0-802 0-1715 —-0-120 0-057
14 0-894 —0-016 0-872 0-2006 —0-120 0-077
1-05 0 0-041 +0-014 0:041 0-0144 —0-009 —_
2 0-130 +0-013 0-130 0-0180 —0-030 0-028
4 0-254 +0-010 0-253 0-0282 —0-059 0-012
6 0-397 +0-006 0-394 0-0472 —-0-092 0-009
7 0-467 +0-003 0-464 0- 0601 ~0-106 0-008
8 0-531 | +0-001 0-526 0-0748 —~0-110 0-024
9 0-594 —0-001 0-587 0-0918 —0-118 0-032
10 0-656 —0-004 0-647 0-1099 —0-123 0-043
11 0-717 —0-009 0-705 0-1280 —0-127 0-047
12 0-779 —0-014 0-765 0-1483 —0-133 0-053
13 0-829 —0-017 0-812 0-1702 —0-132 0-063
14 0-870 —0-025 0-850 0-1860 —0-131 0-072
1-10 0 0-018 +0-015 0-018 0-0154 -0-005 —_
2 0-128 +0-014 0-127 0-0189 —0-023 0-018
4 0-247 +0-013 0-246 0-0301 —0-064 0-009
6 0-396 +0-007 0-393 0-0486 —0-098 0-005
7 0-464 +0-005 0-460 0-0614 -0-113 0-001
8 0-534 +0-002 0-529 0-0762 —0-123 0-013
9 0-591 —0-002 0-584 0-0908 —-0-125 0-030
10 0-640 —0-006 0-632 0-1052 —0-127 0-035
i1 0-702 —0-011 0-692 0-1234 —0-133 0-042
12 0-764 —0:016 0-751 0-1434 —0-140 0-050
13 0-819 —0-020 0-803 0-1643 —0-143 0-055
14 0-841 —0-025 0-822 0-1794 —0-139 0-041
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TABLE 8—continued

Xy 1
M o Cy Cx Cy Cp LD C,. ot /P
1-15 0 0-014 0-015 0-014 0-0153 0-95 —0-004 — —
2 0-122 0-014 0-122 0-0186 6-53 —-0-032 0-262 0-030
4 0-242 0-012 0-241 0-0287 8-40 —0-065 0-269 0-010
6 0-378 0-008 0-375 0-0471 7-97 —0-100 0-265 0-005
7 0-446 0-005 0-442 0-0596 7-32 —0-115 0-258 0-009
8 0-519 +0-002 0-514 0-0743 6-92 —0-128 0-247 0-012
9 0-583 —0-004 0-577 0-0875 6-59 —0-138 0-237 0:019
10 0-637 —0-009 0-629 0-1018- 6-17 —0-140 0-220 0-034
11 0-691 —0-013 0-681 0-1194 5-70 —-0-138 0-200 0-041
12 0-744 —0-017 0-731 0-1385 5-28 —0-141 0-190 0-063
13 0-801 —0-020 0-786 0-1611 4-88 —0-145 0-181 0-057
1-20 0 0-018 0-015 0-018 0-01505 1-18 —0-004 — —
2 0-120 0-014 0-119 0-01822 6-53 —0-032 0-267 0-014
4 0-239 0-012 0-238 0-0283 842 —0-067 0-280 0-001
6 0-371 0-008 0-368 0-0465 7-91 —0-107 0-288 0-000
7 0-439 0-005 0-435 0-0589 7-40 —0-118 0-269 0-005
8 0-510 0-005 0-504 0-0755 6-69 —0-133 0-261 0-013
TABLE 9
Theoretical Values of Spanwise Loading
M, 7 0 0-383 0-707 0-924
M 1-195 1-157 0-951 0-543
eCr.
0-60
”sz 0-415 0-244 0-200 0-107
p ‘
¢ _L(n) 1-195 1-159 0-952 0-534
cCy,
0-80
iﬁ? 0-449 0-260 0-201 0-093

(84132)
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Fic. 1. 'The wing planform.

Flow
direction

Undisturbed oil

Leading edge of wing

Reattachment tine Q \

Approx. position
of centre of vortex

Secondary separation
line

(a) Filament paths indicating leading edge separation and vortex

\K
\\J/

(b) Filament péths indicating shock wave not causing separation
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~ Shock waves §

Undisturbed oil — Separation

o line

<
. \\ \

_’_l\Centre of
Reattachment line

vortex

~.

(c) Filament paths indicating shock waves causing separation either
in a bubble orin a vortex form

Fic. 2. Characteristic airflow patterns on the wing
surface.
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